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A study was conducted to assess the performance potential of a supersonic 
through-flow fan engine for supersonic cruise aircraft. It included a 
mean-line analysis of fans designed to operate with in-flow velocities ranging 
from subsonic to high supersonic speeds. 
used to estimate the performance of supersonic fan engines designed for four 
applications: a Mach 2.3 supersonic transport, a Mach 2 . 5  fighter, a Mach 3.5 
cruise missile, and a Mach 5.0 cruise vehicle. For each application an engine 
was conceptualized, fan performance and engine performance were calculated, 
weight estimates were made, the engine was insatlled in a hypothetical 
vehicle, and a mission analysis was conducted. 

The fan performance generated was 
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1.0 SUMMARY 

A study was conducted to evaluate the potential benefits of supersonic through-flow fan engines for 
supersonic cruise aircraft. A fan that can operate with supersonic inlet Mach numbers would eliminate 
most of the losses incurred in diffusing the flow to subsonic velocities at the fan face; furthermore, the size 
and weight of the inlet to the supersonic fan would be substantially lower than that of a conventional 
mixed-compression inlet. Therefore, an engine employing such a fan has the potential to be light weight, 
provide high thrust, and operate efficiently at supersonic flight speeds. 

I 

The supersonic-through-flow fans used in these studies were designed and the performance evalu- 
ated using a two-dimensional, mean-line analysis described herein. This analysis was extended to include 
the strong shock solution for transonic operation when operating with subsonic inflow velocities. In order 
to start up and provide a continuum of operation between subsonic and supersonic flight speeds, the fans 
were assumed to have variable-pitch rotor and stator blades which could be adjusted during flight to 
provide the optimum blade angle-of-attack. These studies led to a particular fan design called a 
“variable-pitch, split-blade’’ configuration, in which the front parts of the rotors and stators can be ro- 
tated but the rear parts are fixed. Such blading varies the amount of turning done on the flow; it acts 
much like a variable camber blade, or like a wing with a flap. This type of blade can be used from 
subsonic to supersonic and higher-speed windmilling conditions. 

The merits of a supersonic fan engine were evaluated for four applications having significant super- 
sonic cruise requirements. They were a Mach 2.3 supersonic transport, a Mach 2.5 fighter, a Mach 3.5 
cruise missile, and a Mach 5.0 cruise vehicle. For each application an engine was conceptualized; fan 
performance and engine performance were calculated; weight estimates were made; the engine was in- 
stalled in a hypothetical vehicle; and a mission analysis was conducted. The engine performance and 
weight, and the mission performance were then compared with that of a conventional fan engine. 

Mach 2.3 supersonic transport: A supersonic fan with a total pressure ratio (at cruise) of 3.5 was 
used in a two-spool engine having a cruise bypass ratio of 1.0. This propulsion system (inlet & engine & 
nacelle) was 30% lighter and had a 9% lower averaged cruise TSFC than the conventional turbofan. This 
resulted in a 14% range advantage for a fixed take-off gross-weight vehicle. 

Mach 2.5 fighter: The same supersonic fan was used in this application, it was run at a higher speed 
to provide a total pressure ratio of 4.0 at the supersonic cruise condition. The STFF propulsion system 
(inlet & engine) was 7% heavier because a larger airflow was required to meet the subsonic 
maneuverability requirements, since the supersonic fan engine could not bum the bypass flow. The super- 
sonic cruise TSFC was 4% lower than the conventional turbofan. This engine resulted in a 2% lighter 
take-off gross-weight aircraft. 

Mach 3.5 cruise missile: A total pressure ratio 1.6 supersonic fan was designed for this application; 
it was used in a two-spool engine having a bypass ratio of 0.33 at cruise. This propulsion systems (inlet & 
engine) was 5% lighter, and had the same cruise TSFC as a conventional turbojet. This engine resulted in 
a 1% cruise range advantage. 

Mach 5.0 Cruise Vehicle: A hydrogen fueled, air-turbo-rocket (ATR) engine was used for this 
application. The supersonic fan used in this engine was the variable-pitch, split-blade fan which had a 
total pressure ratio of about 3.5 at low supersonic speeds, dropping off at higher speeds to less than one 
when windmilling at the Mach 5 cruise condition. The comparative engine was an overhnder conven- 
tional ATRhamjet (RJ) propulsion system. When sized for the same thrust at Mach 3, the STFF-ATR 
engine was 28% lighter. At subsonic flight speeds this engine provided approximately twice the thrust and 
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a 25% lower TSFC. At the Mach 5 cruise condition, the TSFC was 8% lower. When the STFF-ATR 
engine was resized to provide the same take-off thrust loading, the aircraft take-off gross weight was 62% 
less than the reference vehicle using the overhnder conventional ATR/RJ. 

Conclusions 

A variable-pitch split-blade fan has the potential capability of extending the speed range of the 
supersonic fan into the transonic speed range where it operates like a conventional fan, generating a 
substantial pressure rise with subsonic outflow velocities. This fan can also operate above its supersonic 
design point and be feathered for windmilling at high Mach numbers where the engine is operated like a 
ramjet. 

A variable-pitch supersonic through-flow-fan engine can provide a significant range advantage for 
an aircraft having a substantial supersonic cruise requirement, like a supersonic transpon. Conversely, it is 
not as attractive for a fighter which has a significant subsonic cruise and maneuverability requirement. 

A supersonic through-flow-fan engine did not show a performance advantage for a missile which 
was boosted to its Mach 3.5 cruise conditions. 

A variable-pitch, split-blade fan air-turbo-rocket engine will provide substantial performance ad- 
vantages to a Mach 5 cruise vehicle when compared with an overlunder conventional ATR/RJ. The 
variable-pitch fan allowed this engine to operate as a ramjet at the Mach 5 cruise condition, using the 
same flow path (inlet, combustor, nozzle) used at lower flight speeds. 

Recommendations 

A technology base should be developed for the variable-pitch, split-blade supersonic through-flow 
fan. This would include: detailed CFD calculations of the fan performance especially at the transonic 
operating condition, mechanical design studies of fan attachment and rotation mechanisms, cascade tests 
of split-blade configurations at simulated fan conditions, and (subsequent) rotor tests of small-scale fan 
configurations. 

Conduct more detailed design studies of the variable-pitch, supersonic-through-flow, turbo-fan 
engine for the supersonic cruise application. Establish the mechanical arrangement and structural integ- 
rity of the engine, and conduct a weight analysis to provide better means for estimating STFF inlets, fans, 
supersonic diffuser, and bypass nozzle weights. 

Conduct more detailed design studies of the variable-pitch supersonic through flow ATR engine for 
the high-speed cruise vehicle. Establish the mechanical arrangement and structural integrity of the engine, 
and refine the weight estimates of the engine components. 
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2.0 INTRODUCTION 

Renewed interest in high-speed flight has revived interest in the supersonic fan as a possible compo- 
nent for advanced high-speed propulsion systems for sustained supersonic cruise or as accelerators for 
hypersonic vehicles. Cycle studies have indicated that substantial improvements can be obtained by using 
a fan that is capable of accepting supersonic axial flow during supersonic flight. Ferri (1) was the first 
(1956) to point out the potential advantages of eliminating the subsonic portion of the supersonic inlet and 
providing a fan capable of accepting supersonic axial inflow. In the 60’s both GASL and UTRC (2) 
studied turbojet engine concepts employing supersonic compressors. The UTRC concept employed a two- 
stage, counter-rotating compressor which provided a total pressure ratio of 20 at transonic flight condi- 
tions. The UTRC study also included supersonic cascade tests of supersonic compressor blades and super- 
sonic diffuser tests of simulated fan exit flow. The cascade tests indicated that high efficiencies would be 
obtained with supersonic through-flow stages, and that supersonic stages can be operated over a wide 
range of incidence angles. In that same time period, Boxer (3) proposed a high bypass ratio turbofan 
enginehamjet combination which utilized a variable-pitch fan capable of operating with both subsonic and 
supersonic inflow velocities. At flight speeds below about 1.5 the fan would operate with subsonic inflow, 
and at higher speeds the fan would operate with supersonic inflow and the fan pitch would be adjusted to 
maximize fan performance. At flight Mach number greater than 3.5 the engine would operate as a sub- 
sonic ramjet with the fan, being held stationary by a brake, providing additional compression beyond that 
provided by the inlet. In the ~ O ’ S ,  NASA sponsored studies by Pratt and Whitney and General Electric to 
identify propulsion systems that would be suitable for long-range supersonic cruise aircraft (Ref. 4-10). 
These studies considered a variety of conventional and variable cycle concepts. An alternative concept, 
the supersonic through-flow fan was studied by Trucco (1 1) of Advanced Technology Laboratories, Inc. 
under a NASA contract. Additional studies at NASA Lewis by Franciscus (12) compared the perform- 
ance of several supersonic through-flow fan engines to a reference turbofan engine for a Mach 2.32 
suspersonic transport (SST) application and concluded that use of a supersonic through-flow fan engine 
could reduce specific fuel consumption and lead to a significant improvement in range. More recently, 
Taveres (13) and Franciscus (14) published additional studies concluding that supersonic ’fans would 
provide improved performance for SST’s operating in the Mach 3 speed range. 

1 

With the current renewed interest in SST aircraft, and in light of the study conclusions by Francis- 
cus, Trucco, and Tavares, a more in depth look at the supersonic fan engine should be made by an engine 
manufacturer to evaluate its potential for the SST application and other applications having substantial 
supersonic cruise requirements. 

The present study is an assessment of advanced engines employing supersonic through-flow fans. 
Four applications were considered: a Mach 2.3 supersonic transport, a Mach 2.5 fighter, a Mach 3.5 
cruise missile, and a Mach 5.0 cruise vehicle. For each application a supersonic fan engine was conceptu- 
alized, performance calculated, and evaluated on the bases of performing the mission requirements. The 
supersonic fan engines are compared with conventional engines for performing the same mission. The 
objective of this study was to identify those applications and engine configurations which may benefit from 
using supersonic through-flow fans. 
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3.0 FAN ANALYSIS 

The supersonic fans conceptualized for the engine study were designed to operate with supersonic 
inflow and supersonic exit flow, Le., a supersonic through-flow fan (STFF); however, it soon became 
evident during this study that it would be highly desirable to provide variable pitch, and operate with 
subsonic inflow (transonic operation) over the low speed portion of the flight path, similar to the type of 
operation suggested by Boxer (3) in 1967. This fan evolved, during the study, into the variable-pitch, 
split-blade fan described herein. The first section describes the blade design and performance prediction 
procedures for the supersonic through-flow fan; the second section describes the subsonic inflow mode of 
operation; the third section discusses the problems of operating over the subsonic to supersonic speed 
range; and the fourth section discusses the performance characteristics of the variable-pitch split- blade 
fan. The specific fan blade designs and performance calculated and used in the engine applications are 
presented in the sections describing the STFF engine performance. 

3.1 Supersonic Through-Flow Fan 

A supersonic through-flow fan is like a shrouded propeller which can operate with supersonic flow 
coming into the blades. The flow remains supersonic as it passes through the blade row, and it emerges 
with a greater supersonic velocity. The velocity diagram shown in Figure 1 is used to explain how it 
operates. The first velocity triangle shows the conditions flowing into the fan: the axial velocity (VI)  is 
2000 ft/sec, the rotor velocity (VR) is 1500 ft/sec, and the velocity relative to the moving blades (vi) is 
2500 ft/sec. If the relative flow is turned 30' while passing through the blade row with no change in the 
static pressure and no dissipative losses, the relative exit flow velocity (Vi) would be 2500 ft/sec and the 
velocity diagram would be that shown on the right. After vectorially adding the rotational velocity to the 
exiting relative velocity, the resulting absolute velocity (V,) would be 2700 ft/sec. Thus, the flow is acceler- 
ated to a higher velocity and gains kinetic energy as it passes through the blade row. For this example, the 
increase in energy (total temperature) is approximately 40%, and the total pressure of the exiting flow is 
increased to approximately three times the incoming total pressure. 

It can be shown that the work done on the air which passes through the blade row is equal to the 
product of the tangential velocity imparted to the air by the rotor (AV,) times the rotational velocity of 

the blades (VR) . 

i.e., Work = A V T V ~  (Eq. 1) 

The change in kinetic energy of the air is equal to this work because there was assumed to be no 
other change in the thermodynamic state of the gas exiting the blade row. "his basic relationship describ- 
ing the work done on the air, is the same as that which has always been used for conventional compres- 
sors. 

A computer program was developed at UTRC (with corporate funding) to design and predict the 
performance of the STFF fan. The procedures used to design the blades, the flow modeling, and ap- 
proach used to calculate the mean-line blade performance are described herein. 

- The supersonic through-flow fan design procedure is comprised of three different 
subroutines which are used to specify the blade geometries: (1) a routine which calculates the amount of 
flow turning required to generate a specified design total pressure ratio, ( 2 )  a blade shape routine which 
calculates the coefficients which specify the blade shape, and (3) a wave geometry routine which calcu- 
lates the chord length for a specified number of shock reflections. 
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Flow turning: The first routine calculates the amount of flow turning required by the rotor to 
generate the design total pressure ratio for a given set of fan inlet flow conditions. The input and output 
parameters are shown below: 

input 

inlet conditions M1, a1 

rotor conditions MR, P2/P1 

desired performance PTJPT~. qc 

QutDut 
exit conditions M2, T2/T1, A2/A1 

flow turning a2 

where: M, - inlet Mach number 

M2 - exit Mach number 

a1 - inlet flow direction 

a2 - exit flow direction 

MR - rotor Mach number 

p2/p1 - static pressure ratio across rotor 

PT~/PT, 

T217-1 

- desired total pressure ratio 

- static temperature across rotor 

- flow area ratio across rotor 

t7C - assumed fan efficiency 

Note, that as well as specifying the inlet conditions (Ml, a,) and rotor speed (MR) , the static 
pressure ratio across the blade row is an independent parameter and must be specified. The compressor 
efficiency must be assumed (at least initially) in order to evaluate the work done on the air: 

when hT1, total enthalpy of the incoming air. 

The flow losses (entropy gain) across blade row are: 

Eq. 2 
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Eq. 3 

The static temperature across the blade row can be calculated from the flow losses and the specified static 
pressure ratio 

Then the exit velocity (V,) can be calculated using the energy equation 

1 -v: = hi, + WORK - c,T~ 
2 

Eq. 4 

Eq. 5 

The exit flow direction (a2) can then be calculated from the compressor work relationship (Eq. 1); when 

a, = 0 then A v i  = V2 sin a2 and 

WORK 
sin 0 2  = - 

V2VR 
Eq. 6 

The angle, a2. evaluated from Eq. 6 is the absolute angle leaving the blade row. Note, for the vector 
diagram shown in Figure 1, VR is negative; therefore a2 is negative or downward, as shown in the figure. 
The flow direction relative to the moving blades can be calculated by vectorially subtracting the rotational 
velocity to the absolute velocity. Then the relative inlet and exit flow angles are: 

(for a1 = 0) - VR tan all = - 
VI 

Eq. 7 

and 

V2 sin 0 2  - VR 
v2 cos a2 tana2' = Eq. 8 

There relative angles show the amount of turning required by the blade row. An example showing 
the flow turning through the rotor, Aa', required to provide a specified total pressure ratio, piR , across 
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the fan is shown in Figure 2. This figure shows the flow turning is directly proportional to the total pressure 
ratio (compression work) and inversly proportional to the rotor Mach number (velocity) as shown by 
Eq. 6 .  For the conditions used in this example (MI = 2.0 and 7, = . 8 5 ,  and a rotor Mach number of 1.5) 
a total pressure ratio of 2.5 can be achieved with about 27 deg of turning. 

The desired flow turing through the stator is usually equal (in magnitude) and opposite to the abso- 
lute turning through the rotor, since fans are usually designed with zero exit swirl. 

&STATOR = - &ROTOR Eq. 9 

Blade shape: The total turning (or camber) of the rotor and stator blades is approximately equal to 
the flow turning required. The nomenclature used in specifying the blade geometry is shown in Figure 3.  
The relative inlet and outlet flow angles are al ‘  and a2’ as defined previously. The mean camber angle at 
the leading and trailing edges of the blade are p1 and p2. The mean chord angle is, &. The difference 
between the CY’S and the p’s are the E’S; where e l ,  is the angle-of-attack of the blade and is the flow 
mismatch angle at the trailing edge. is an arbituary input, but e2 is a result; however, an initial guess may 
be used and improved upon later after running the performance program. 

The blade surface angles are defined by two quadratic equation describing the front and rear por- 
tions of each (upper and lower) surface. 

8 front =&+Af;+Bf;’ O < f ; < t ~  

Eq. 10 

8 rear = 8 2 + C ( l - f ; ) + D ( l - f ) 2  t T < c <  1 

where 5 is a normalized blade coordinate 

CT is the transition point 

€4 leading edge angle including thickness 

02 trailing edge angle including thickness 

For a circular are profile B & D would be zero, and A = - el 
Introducing K 

A = K(82 - 8,) Eq. 1 1  

When K = l ,  the profile shape is a circular arc. When K = 0, the curvature d0/dg = 0 near the leading edge 
is zero and the curvature near the middle is increased. With K being an arbitrary input. the valves of B, C, 
and D are solved which satisfy the following at 5 = f~ 
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I OdC front = I OdC rear 

8 front = 8 rear Eq. 12 

dWd& front = dWd& rear 

Wave geometry: The chord length or conversely gap/chord ratio, b/c, is chosen for a specified wave 
geometry. For the example shown in Figure 3 the dashed lines crossing the flow represent the wave 
pattern for an up-down wave system which intersects the trailing edge. This is the wave patterns used in 
the design of all the fans presented herein. Alternative wave patterns that could be employed are: a single 
down wave, and a down-up wave pattern. The procedure for calculating the gapkhord ratio is iterative, a 
guess is made, the wave pattern calculated and then the value of b/c is adjusted to let the wave intersect 
the trailing edge. 

- The key features of the supersonic through-flow fan performance procedure 
are identified in Figure 4. The program calculates the overall performance across a rotor-stator configura- 
tion given the blade geometry and spacing. It generates a rudimentary wave structure, checks for limits of 
the flow incidence angle, boundary layer sepdration, and flow choking. If these conditions are met, the 
program calculates the shock and friction losses through the blade row and the mean direction of the 
exiting flow. This information is used to calculate the work done, the average total temperature, and 
average total pressure of the fan discharge flow. 

Wave structure: A rudimentary wave structure is calculated for the flow passage between the 
blades. As currently formulated, a simple characteristics system for the up-wave family and down-wave 
families are calculated separately and then the solutions are added. For example, consider the down-wave 
family eminating from the compression surface (see Fig. 4).  The initial strength of this shock can be 
calculated knowing the flow deflection angle, g1 = a1 - el, at the leading edge of the compression surface. 
This wave is propigated across the channel and reflects as an up wave. The strength of this wave increases 
as it crosses the channel due to compression waves eminating from the curved compression surface. An 
emperical relationship is built into the deck to account for the strengthening of waves eminating from a 
compression surface, i.e. 8 > 6,. The local flow condition upstream of this first reflected wave are caicu- 
lated using the method of characteristics for isentropic flow up to that point; i.e., the losses through the 
other shock family are neglected when calculating the flow properties upstream of this reflection. The 
properties across this wave are calculated using oblique shock relationships for the deflection angle, 8 .  The 
initial conditions across the reflected wave are also calculated using oblique shock relationships for the 
same 6. The reflected wave is then propigated across the duct, and if it were to reflect again (second 
reflection not shown in Figure 4), the properties upstream of this reflection point would be calculated 
using the method of characteristics which include the losses through the initial down shock, but neglecting 
the losses through the wave family eminating from the lower blade. A similar calculation is made for the 
up-wave family which neglects the losses through the down-wave family. 

Although this wave calculation procedure is rather simplistic, it does capture the primary features of 
the shock wave pattern as shown by the results presented in Figure 5 for fan configuration STFF-3. This 
figure compares the shock deflection angles at 5 locations which are calculated by the method used in the 
STFF program and by a detailed method of characteristics solution. Point A, B, & C compare the 6 value 
calculated for the up-wave family; the initial values at “A” are the same; the values at “B” were reduced 
by the expansions from the convex top surface, and the values at “C” were increased by compression 
from the concave lower surface. At both locations, the procedure used in the STFF program over cor- 
rected the change; however the maximum error was less than 112 deg. A similar result is shown for the 
down wave family at points “D” and “E” .  The average exit flow angles at “F” ,  calculated by two methods 
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differed by one degree, after a total flow turning of about 25 deg. On the basis of results such as these, it is 
felt that the present wave procedure is adequate for estimating the shock losses and average flow turning 
through the blade row. 

Limiting Conditions: While calculating the wave pattern discussed above, there are several condi- 
tions which would terminate the calculation. For initial relative Mach numbers above 1.6 (which includes 
most cases of interest for supersonic through-flow operation) the flow deflection angle cannot exceed that 
allowed by the oblique shock relationships. In addition, if a reflected wave is too strong it could separate 
the boundary layer and unstart the passage. A reflected shock strength limit of 6 s 15 deg was imposed 
to comply with this boundary layer separation limitation. 

The passage area normal to the flow is calculated through the blade row. If the flow (including shock 
losses) would choke at the minimum area station, the calculation would be terminated. 

Exit Flow Conditions: The mean flow angle used in calculating the work done by the rotor is the 
arithmetic average of the up-and down-wave calculation procedures discussed earlier 

however, the shock losses calculated by the two procedures are added 

Eq. 13 

Eq. 14 

where the symbol, C , implies the summation of the losses across all the shocks within the blade passage. 

The boundary layer losses are calculated from 

= Cf ~ M 1 ' 2 ( S / A ) l  + CI YM2"(S/A)2 
L ' 2  2 2  

Eq. 15 

where ci, and CI, are the average skin fraction coefficients based on the upstream and downstream 

Mach numbers Mi and Mi , and (S/A), ,  and (S/A)2 are the surface to flow area ratios for the upstream 
and downstream portions of the blades. The total losses through the blade row are 

Eq. 16 
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and the relative total pressure ratio is 

The relative flow area &/A; across the blade row is 

A2' - A2 COS a2' 
AI' AI cos a]' 
-_ -  - 

Eq. 17 

Eq. 18 

where A2/A1 is the absolute flow area ratio across the blade row which is specified from the design deck. 
The relative exit Mach number, M2 is calculated using the continuity equation, the relative area ratio, and 
the relative total pressure .ratio. 

MI '  ( 1 +*MIt2 )a/(% pfTR) = M2' ( 1 +- Y;1 M 2 1 2 ) %  
Eq. 19 

All the terms are known, but M2'; the Mach number term on the right hand side is solved to determine 
the relative exit Mach number. The static temperature ratio is 

and the static pressure ratio is 

Eq. 20 

Eq. 21 

Fan performance: The work done by the rotor is calculated using a form derived from Eq. 1 

-(y-l)MR(MI' s i n a l ' - M z ' , / x s i n  0 2 ' )  -- WORK - Eq. 22 
( 1  trM:) Y-1 
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The ideal total pressure is 

The actual total pressure is 

The ideal work done 

The stage efficiency is 

IDEAL WORK 
WORK t l c  = 

Eq. 23 

Eq. 24 

Eq. 25 

Eq. 26 

There is no work done by the stator, but there are losses which can be calculated as described above 
for the rotor. The overall total pressure ratio is: 

STATOR 
-- 

OTOR 
Eq. 27 

and the overall efficiency is still defined by Eq. 25, but the ideal work is based on the overall total 
pressure ratio. 

An example of the supersonic through-flow performance calculated by this procedure is presented 
in Figure 6 .  This figure shows the total pressure ratio for a fixed-geometry fan configuration STFF-3 over 
a range of supersonic inlet and rotor Mach numbers. The design point is for inlet Mach number of 2.0, a 
rotor Mach number of 1.5, and a total pressure ratio of 2.5. Operation at higher wheel speeds provides 
greater compression, and lower wheel speeds less compression. When operating at the design rotor Mach 
number of 1.5,  the minimum inlet Mach number is 1.5; thus, the relative flow angle, al, at this condition 
is 45 deg. The mean chord angle p1 is 36.9 deg. Thus, the blade angle-of-attack; e l ,  is 8.1 deg. Since the 
leading edge half angle its 4 deg, the strength of the down-shock is 12.1 deg. This shock is increased to 
approximately 14 deg where it reflects from the expansion surface. This reflected shock strength just 
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passed the boundary layer separation criteria which was 6 < 15 deg. Operation at a lower inflow Mach 
number, at a higher incidence angle, would not pass this limiting criteria. The range of calculated points 
show the operating range as limited by the boundary layer separation criteria, except at the upper end of 
the higher rotor speeds, since no calculations were made above Mach 2.2. 

The fan efficiency for this configuration is shown in Figure 7. The maximum efficiency at each rotor 
speed is near the inlet Mach number where the relative flow angle is near the design incidence angle of 
36.9 deg. The fan exit Mach number is shown in Figure 8. Note that there is a significant increase in the 
flow Mach number across the blade row; the increase is greater at higher rotor Mach numbers. 
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3.2 Transonic Fan 

Early on in the study of supersonic fans it became evident that it would be highly desirable to 
operate the supersonic fan with subsonic inflow conditions during start up or when flying at subsonic 
velocities. When operating at with subsonic inflow conditions, it is theoretically possible to accelerate the 
flow to supersonic velocities and generate significant total pressure ratios; however, the high velocity exit 
flow would have to be diffused to subsonic velocities to be utilized effectively in a turbo-fan engine. The 
additional losses associated with this deceleration would degrade the cycle efficiency. It was concluded 
that it would be highly desirable to operate in a mode similar to that suggested by Boxer (3); that is, utilize 
a variable pitch fan which could operate with subsonic inlet flow up to some low supersonic Mach number 
(about Mach 1.5) and than transit to supersonic inflow conditions. Here, the author differs from Boxer, 
who proposed that the flow would be decelerated inside the fan stage to subsonic velocities. Efficient 
deceleration of this flow does not appear feasible; however, efficient acceleration of the flow is possible. 
That is, the fan should transit to supersonic through-flow operation as discussed in the previous section. 
In order to evaluate the subsonic inflow or transonic mode of operation, the UTRC supersonic through- 
flow computer program was extended (with corporate funding) into this operating range. The procedures 
used to model this flow are discussed in the next section. 

-. - The word “transonic” is used herein to the refer to those initial condition where 
the absolute inflow is subsonic, but the relative inflow (after vectorially subtracting the rotor speed) is 
supersonic. These are the conditions under which conventional fans operate. A state-of-the-art fan may 

operate with subsonic inflow velocity, of MI = . 6  and a tip speeds of MR = 1.5 . At such condition, the 

relative Mach number, M’I = 1.6. The relative supersonic flow is decelerated through the blade row to a 
subsonic exit velocity; this is accompanied by a substantial increase in the static pressure. The transonic 
fan analysis described herein is a relatively simple procedure, intended to characterize the essential fea- 
tures of this flow without getting into detailed CFD calculations. 

The flow model assumed for this analysis is shown in Figure 9. The supersonic relative flow, MI’,  
into the blade row is decelerated through a strong shock to a subsonic velocity, this flow is further diffused 
and turned to the exit condition. The analysis takes into account the following features listed on the right 
of the figure which are discussed below. 

Incoming flow adjustment: Because the incoming flow is subsonic, it can be influenced by the 
presence of the fan. The program calculates a critical inflow velocity which is related to the rotor speed. 
Because the incoming flow is subsonic and the relative flow is supersonic, the rotor will generate a charac- 
teristic wave from the leading edge of the rotor which will propigate forward into the oncoming flow. If the 
surface angle near the leading edge of the expansion surface is misalligned with the flow, a shock or 
expansion wave will be generated, and this up-wave will propigate upstream. A series of shock waves 
eminating from the rotor blades would decelerate the incoming flow, increasing the relative flow angle, 
a’,, which decreases the strength of the forward propigating shock, this process would continue until the 
incoming relative flow is alligned with the initial expansion surface of the blade. Conversely, a series of 
expansion waver eminating from the rotor blades would accelerate the incoming flow, decreasing the 
relative flow angle until the relative flow as also alligned with the initial expansion surface of the blade. 
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The equilibrium or critical incoming Mach number which satisfies this flow angularity criterion is 

- MR CRIT MI =- 
tan 8 

Eq. 28 

when 8 in the average surface angle near the leading edge of the expansion surface (for an absolute flow 
direction a1 = 0). 

When operating with subsonic exit flow, it is assumed that high back pressure conditions could force 
the strong shock to become detached, sending weak waves into the incoming flow, decelerating it to a 
lower equilibrium velocity. In order to accommodate this condition a minimum or stall velocity is calcu- 
lated which assumes a maximum flow misallignment of 0.2 radians 

- MR 
tan (8+.2) 

STALL M i =  Eq. 29 

Solutions in the transonic flow regime with subsonic outflow are permitted between the stall and critical 
inlet Mach numbers. 

Strong shock: A single strong oblique shock is assumed to be stabilized in the flow passage by back 
pressure conditions imposed upon the rotor. This shock is probably not planar, and the conditions along 
this shock would not be uniform. The flow losses across this wave may vary from those for a normal shock 
to those for sonic downstream flow; the latter having slightly less losses. Presuming that the downstream 
conditions may be adjusted to minimize the shock losses and the occurrance of boundary layer separa- 
tions, the conditions picked for this strong shock wave were those at the maximum deflection angle. At 
this condition, the downstream Mach number is slightly less than 1 and the static pressure rise across the 
wave is somewhat less than that for a normal shock. For example, at MI' = 1.6 the static pressure rise 

through a normal shock would be, AP/P = 1.82, compared to a value AP/P = 1.32 at the maximum 
deflection condition. Although the boundary layer may be in trouble with the lower pressure rise, it would 

probably separate with the higher value. A maximum static pressure rise AP/P =1.4 was set as a limit for 
boundary layer separation. This limiting value of the static pressure rise limits the relative inflow Mach 

number M1' to approximately 1.65. 

Boundary layer losses: Two kinds of boundary layer losses are included in this procedure: the skin 
friction losses, per se, which are calculated in the same manner used for the all-supersonic flow (see Eq. 
15). In addition, there is assumed thickening of the boundary layer near the shock intersection as shown 
in Figure 9. This thickening acts like a blockage reducing the effective minimum area when checking for 
choking conditions, and it is considered to be a cause of additional subsonic diffusion losses discussed in 
the next section. 

Subsonic diffusion losses: The flow downstream of the strong shock is near sonic velocity. Typi- 
cally, the flow area downstream of the shock increases, the flow is diffused to a lower velocity, and the 
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pressure increases. This subsonic diffusion is treated like a subsonic diffuser having a loss coefficient 
which is the sum of three effects. The first is the effect of incidence angle 

This loss coefficient is assumed to be proportional to the difference between the relative flow angle and 
the initial expansion surface. Increasing angle of attack increases the loss coefficient; incidentally, it does 

not become negative when 01’ < 81, then A1 = 0. 

The second, is the effect of turning or blade camber 

This loss coefficient is assumed to be proportional to the absolute magnitude of the total turning, I s 2  -PI I 
times the height-to-length ratio of the passage, (b/c) cos BC . 

The third is the effect of the boundary layer distortion caused by the static pressure increase across 
the shock. 

Eq. 32 

This loss coefficient is proportional to the square of the pressure coefficient across the shock, AP/q. 

These loss coefficients are used in the following manner to estimate the subsonic diffusion losses. 

Eq. 33 

where T2 is the average static temperature of the flow at the exit of the blade passage after diffusion and 

TR is the average static temperature after the oblique shock. It should be noted that the actual losses 
depend on this temperature ratio which is related to both the shock and exit Mach numbers. For a 

passage having little diffusion the exit velocity is high, T2 is slightly greater than TR , and the losses are 
small; however, for a passage having a large increase in area, the exit velocity is low, T2 is increased and 
the losses are increased. This equation is used in an iterative manner with the procedure used to calculate 
the exit Mach number (Eq. 19). This above expression (Eq. 33) is also used for an all subsonic condition 

in which there is no shock; then TR is set equal to the static temperature of the incoming subsonic flow. 
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and 

Flow turning: For this subsonic outflow condition the mean flow angle is assumed to be equal to the 
local surface angle at the training edge of the compression surface. 

Limiting conditions: Various limits were identified during the previous discussion. They are sum- 
marized here 

0 Stall MI and critical M, 

0 max APIP across strong shock 

0 Choking at minimum effective area. 

Exit flow conditions: The exit flow conditions are calculated using the manner (using Eq. 17-2 I )  
discussed previously for the all supersonic fan; with minor additions to the equations for calculating the 
flow losses to include subsonic diffusion losses 

Eq. 34 

Fan performance: The fan performance is calculated in the same manner, (using Eq. 22-26) dis- 
cussed previously for the all supersonic fan. This calculation procedure was developed to be an extension 
of the supersonic-through-flow procedure into the transonic operating regime of conventional fans. The 
performance of conventional compressors is usually presented in terms of the corrected airflow, Wc, and 
the corrected wheel speed Nc or corrected rotor velocity Vc. These corrected parameters are related to 
the Mach number parameters used in the program calculation procedure by the following relationships. 

Eq. 35 

Eq. 36 

To be consistent with the nomenclature used by the compressor community, some conversion sub- 
routines were added to the deck to enable there variables to be specified independently. 

J. - The transonic analysis described above was developed to 
provide a relatively simple way for estimating fan performance in the complex transonic flow regime 
without resorting to a complicated CFD analysis. It was hoped that this procedure would capture the 
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essential features of the flow and predict the correct level of fan performance. This procedure was 
checked out by using it to predict the performance of an experimental fan whose performance was known, 
and the results are compared herein. The fan designated TS27 was tested at P&W under the energy 
efficient engine program (Ref. 15) which was sponsored by NASA. The actual fan had a hubhip ratio of 

.34, and was designed to provide a total pressure ratio of 1.72 at the design rotor speed ND having a 
corrected tip velocity, V, = 1463 ft/sec, and a fan corrected weight flow per unit area, Wc/A = 42 I b d  
sec/ft2. The measured performance of this fan is presented in Figure 10. 

The present transonic calculation procedure was developed to estimate the mean line performance 
of a fan having a high hub-to-tip ratio. The ST27 fan is certainly not that; therefore, it was decided to 
model the outer portion of the fan and assumed that the mean-span performance calculated for a section 
was representative of the overall fan performance. 

The mean blade shape used for this example is shown in Figure 11. It is the blade shape given at the 
85% span location of the TS27 fan. It had very little overall camber, near zero turning over the slender 
front portion and a few degrees of down turning over the rear portion. In addition to specifying the blade 
shape it was also necessary to specify the amount of contraction of the flow passage. A local area ratio of 
.75 was assumed for this calculation. The total pressure ratio which was calculated for the specified ge- 
ometry is presented in Figure 12. The performance is in general agreement with the measured perform- 
ance shown in Figure 10; the critical weight flow and knee of the total pressure ratio curves are in good 
agreement; but the throttled performance (lower Wc/A) has a higher slope than the measured data. 
Although not shown, the fan efficiencies are also in general agreement, ranging from about 85% to 92% at 
the knee of the curve at the design speed. The amount of agreement shown here was as much as should 
be expected for such a limited representation of the actual hardware. These results indicate that the 
simple procedures used model the essential features of the flow. 
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3.3 Subsonic-to-Supersonic Fan 

Calculations were made to evaluate the performance capabilities of a fan (designed for supersonic 
through-flow) over the entire speed range from subsonic to the supersonic operating conditions. The fan 
geometry used for these calculations was configurations STFF-4 shown in Figure 13. It had a pressure 
ratio of 2.4 at an inlet Mach number of 2.0 and a rotor Mach number of 1.5. The rotor geometry for this 
fan was fixed but the stators were assumed to have variable pitch capability in order to provide the fan 
with a means for accommodating the wide range of flow conditions. The fan performance calculated for 
this fixed rotor configuration is shown in Figure 14. The supersonic performance is similar to that pre- 
sented previously. The subsonic performance which survived the various limiting criteria is mainly that for 
the all subsonic case, i.e. where the relative inlet Mach number was also less than 1; there were only two 
points in the transonic operating range which survived. There were so few solutions in this (high subsonic 
inflow) region because of the low pitch of the rotor blades (see Fig. 13). For most of the cases in this 
region the relative angle of attack was too high, the required deflection angle exceeded the limiting crite- 
ria, and the cases were terminated. For the remaining cases, which were calculated through the rotor, the 
stator choked, terminating the calculation and for the two cases which survived (at a rotor Mach number 
of 0.9 and inlet Mach numbers of 0.9 and 0.95) the flow conditions were just within the limiting wave 
deflection conditions which were built into the program. Slightly more stringent conditions would have 
eliminated these two points as well, leaving this map with a void of operating conditions over the inlet 
Mach number range from 0.6 to 1.0. 

Conventional compressors operate in this transonic regime, and as shown previously, the program 
described herein will predict performance in the transonic regime for blades having a higher pitch (see 
Fig. 12) which allow a higher rotor speed. Thus, the performance of configuration STFF 4 was calculated 
assuming a variable-pitch rotor and stator configuration, to investigate the performance potential when 
the blades could be aligned with the flow over inflow velocities ranging from subsonic to supersonic 
speeds. For the transonic operating conditions, the rotor and stators were varied to have an incidence 
angle, , of 4 deg. The results are shown in Figure 15. With the variable pitch rotor blading, solutions to 
the transonic flow condition were obtained for inflow Mach numbers ranging from 0.4 to 0.9. Further- 
more the amount of compression available with this strong shock mode of operation is quite high. Total 
pressure ratios between 3 and 4 appear feasible during operation at supersonic rotor velocities comparable 
to those used in state-of-the-art compressors. 

The supersonic through-flow performance of this configuration is also very intetesting; the total 
pressure ratio is relatively flat with inlet Mach number. This is because the amount of flow turning 
generated by the blades is relatively independent of the inlet veloci ty4 is primarily a function of the 
camber of the rotor blade. Thus the work done (Eq. 1) is mainly a function of the rotor speed. Note the 
change in the level of performance between subsonic and supersonic operations. Greater total pressures 
are generated when operating in the subsonic outflow mode. This is because more work is done when the 
exit flow velocity is subsonic. The low end of the supersonic inflow speed range could be increased by 
increasing the incidence angle of the rotor blades; but within the range of initial strength permitted, these 
points could not be raised as high as the transonic points with subsonic outflow. 

There is nothing of particular note about the efficiencies of these data; they are mainly in the mid 
80’s; however the flow discharge angle leaving the stator is very large for the transonic cases as shown in 
Figure 16. An extremely large amount of swirl is left in this subsonic exit flow; some additional blading 
would be required to eliminate this problem. As shown, the swirl for the supersonic through-flow cases is 
small. 

This mode of operation allowing the fan to have variable-pitch rotor and stator, enabling it to 
operate over the speed range from subsonic to supersonic inflow velocities, was selected for the fans 
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designed from the Mach 2.32 supersonic transport and Mach 2 . 5  fighter. The performance of the vari- 
able pitch fan configuration STFF-8 used for these applications is presented in the section which discusses 
the supersonic transport applications. 
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3.4 Variable-Pitch, Split-Blade Fan 

The variable-pitch rotor and stator configuration described above had two major difficulties which 
were not solved in time to impact the fan performance generated for supersonic transport and supersonic 
fighter studies. The first is the mechanical problems of rotating the large chord blades, and the second is 
large amounts of swirl left in the subsonic exit flow of the transonic cases. 

The mechanical problems include: (1) the geometric constraints imposed when rotating a large 
chord blade in a converging annular passage, (2) the blade stresses which would result when large chord 
blades extend considerably beyond the circular root structure, (3) the means for attaching the blade, and 
(4) providing a mechanism for rotating the variable-phched rotor blade. A mechanical investigation of 
these problems would be a substantial study all on its OM and is not the subject of this aerodynamic 
evaluation. However these problems were realized and various means for alleviating them were consid- 
ered. A configuration which appears to solve, or at least reduce the mechanical and aerodynamic prob- 
lems associated with a variable-pitch fan, is a split-blade fan in which the rotor and stator bladers are 
each composed of two blades which provide the same overall chord and camber as a single blade. Such a 
variable-pitch spit-blade configuration, VPRS-1, is shown in Figure 17. It was derived from the single 
blade configuration. STFF-4, discussed previously. The front portions of each of these blade sets is 
rotatable and the rear portion is fixed. For the rotor, the variable portion is only 40% of the original blade 
length, this would greatly reduce the attachment problem, the blade stress problem, and the geometric 
constraints. It also reduces the swirl problem because the exit flow is turned nearly axial by the fixed aft 
stator blade. 

A schematic diagram showing the rotor blade geometries for various operating conditions is shown in 
Figure 18. The middle set of rotor blades shows the configuration at the supersonic design condition with 
the front and aft blades are aligned (as shown previously in Fig. 17) to provide the flow geometry needed 
at this supersonic inflow condition. The front blade is rotatable, and can be aligned with the incoming 
(relative) flow direction as shown in the upper (transonic) and lower (high-speed) blade sets. 

At the high-speed, condition, the front and aft blades are nearly parallel and the flow passes 
through with little flow turning or velocity change. Little or no work is done at this high-speed (windmill- 
ing) condition. 

At the low-speed, transonic condition, the front blade is rotated considerably to be aligned with the 

flow when the incoming flow is subsonic ( MI = 0.8) and the relative flow is supersonic (MI’ = 1.6). At 
this condition, the front blades act like a “conventional“ high speed fan; a strong shock (shown by dashed 
line) forms in the blade row, the flow is decelerated to subsonic velocity, and a substantial static pressure 
rise is realized. The aft blades are at a considerable angle to the front blades; they now act like a slotted 
wing flap to do additional turning on the subsonic flow. At this condition there is substantial flow turning 
and substantial static pressure rise. A large amount of work is done on the flow and there is a substantial 
increase in the total pressure of the incoming air flow. A variable-pitch, split-stator (also shown in 
Fig. 17) is required to accommodate the large range of flow angles leaving the rotor. This stator blading 
acts in a similar manner; the blades would be oriented to do little turning at the high speed condition and 
a large amount of turning at the low speed condition. 

Theoretical calculations were made to evaluate the performance potential of this configuration. The 
results, shown in Figure 19, present the total pressure ratio generated for both the transonic (subsonic 
inflow) and supersonic through-flow operating regimes. Note that the speed lines (for a given rotor Mach 
number, MR, are not continuous between the subsonic and supersonic inflow operating conditions; how- 
ever, it is possible to jump from one to the other by changing fan exit flow conditions. As shown in this 
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figure this variable-pitch split-blade fan configuration has the potential for producing extremely large 
pressure ratios at subsonic and low supersonic speeds, dropping off at higher supersonic speeds to the 
windmilling condition at incoming flow Mach numbers above these shown in this figure. This is the type of 
a total pressure ratio variation that is desired for an advanced engines; high at low speeds, and gradually 
reducing at the high speeds where total pressure generated by the high speed flight is sufficient to provide 
good engine performance. 

The variable-pitch, split-rotor/split-stator acts like a variable-camber blade, enabling it to accept a 
wide range of inflow velocities. It also offers the unique capability at subsonic speeds to combining the 
capabilities of a conventional fan plus an 'aft" flap for additional flow turning. It also offers structural 
advantages; the short front movable blade would be lighter and easier to move than a single blade having 
a chord equal to the sum of the two blades. 

This type of blading was assumed for the fans used in the air-turbo-rocket engine study for the 
Mach 5 cruise vehicle discussed in the next section. The fan performance used in this study is presented 
subsequently in the sections which discusses the Mach 5 cruise vehicle applications. 
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4.0 STFF APPLICATIONS 

Four potential applications for the supersonic through-flow fan were selected for analyses. They 
included a supersonic transport, an advanced tactical fighter, a supersonic inter-continental cruise missile; 
and a hypersonic cruise vehicle. Each application has a significant supersonic flight requirement where the 
supersonic through-flow fan should be attractive. Previous analysis of these applications had determined 
appropriate conventional propulsion systems, vehicle aerodynamics, and system weights which can achieve 
the specified mission. Alternative engines with supersonic through-flow fans were formulated in this study. 
Appropriate inlet and nacelle characteristics were then selected for each alternative engine in order to 
establish installed engine performance and weight. Improvement in mission performance or vehicle weight 
was determined for each application. 

4.1 Supersonic Transport 

The supersonic transport selected for analysis in this study was the Langley - LTV arrow wing 
vehicle described in NASA CR-132374 (Ref. 16). Its nominal performance characteristics include Mach 
2.7 cruise, 4000 nm range, and 292 passenger payload. The vehicle design was developed under the 
NASA Supersonic Cruise Airplane Research (SCAR) program and was used for various advanced propul- 
sion system studies. During Phase I11 of the NASA sponsored Advanced Supersonic Propulsion Study 
(Ref. 8). Pratt & Whitney concluded that the Variable Stream Control Engine (VSCE) was the most 
promising concept for advanced commercial supersonic aircraft. That engine concept, referred to as the 
VSCE-502B, was updated to reflect year 2000 technology and used to establish a conventional fan engine 
baseline. Various unconventional engine concepts were also considered in the Advanced Supersonic Pro- 
pulsion Study; among them, the supersonic fan engine. Analysis at that time indicated no advantage for 
the supersonic fan engine; however, only approximate component performance levels were available. In 
the current study, the supersonic fan engine performance estimates were revised using the fan analysis 
described herein and year 2000 technology. 

- The conventional engine evaluated for the supersonic transport is a two- 
spool turbofan with the bypass (duct) stream augmented. A schematic diagram of the conventional engine 
and the supersonic-fan engine is shown in Figure 20. This engine incorporates a two-stage fan, a five- 
stage high pressure compressor, a one-stage high-pressure turbine, and a two-stage low-pressure turbine. 
This engine configuration and cycle characteristics (fan pressure ratio, bypass ratio, overall compression 
ratio, and combustion temperature) were optimized in earlier supersonic transport studies (Ref. 8). The 
inlet for the conventional fan engine is a Mach 2.32 mixed compression design with external compression 
below Mach 1.6. Installed engine performance includes inlet additive drag, five percent boundary layer 
bleed, and nacelle friction drag. Because of the highly integrated installation, no attempt was made to 
estimate cowl pressure or nozzle boat-tail drags. Table 1 summarizes the cycle and performance charac- 
teristics at the sea level static and Mach 2.32 supersonic cruise conditions. 

22 



TABLE 1. - SST CONVENTIONAL ENGINE CHARACTERISTICS 

Altitude, Ft. 

Mach Number 

Fan Inlet Corrected Airflow, lb/sec 

Fan Pressure Ratio 

Bypass Ratio 
Overall Compression Ratio 

Combustor Temperature, R 

Inlet Ram Recovery 

Fan Efficiency, % 

High Turbine Efficiency, % 

Low Turbine Efficiency, % 

Net Thrust (Dry Power), lbs 

Specific Fuel Consumption, lb/hr-lb 

Inlet Capture Area, ft2 

Inlet/Nacelle Drag, lbs 

Installed Net Thrust, lbs 

Installed TSFC, lb/hr-lb 

0 

0 

858 

3.3 

1.3 

20 

2700 

1.0 

89 

92 

93 

46,700 

0.578 

28.3 

0 
46,700 

.578 

57,000 

2.32 

639 

2.5 

1.5 

12 

3260 

0.93 

89 

93 

92 

14,390 

1.191 

28.3 

1910 

12,470 

1.373 

- - The supersonic through-flow fan (STFF) engine shown in 
Figure 20 is also a two-spool turbofan engine. A single stage supersonic fan replaces the two-stage sub- 
sonic fan of the conventional engine; a fixed-geometry supersonic diffuser is located downstream of the 
fan to provide subsonic flow into the high-pressure compressor; and the core stream is afterburned to 
provide thrust augmentation. The following sections present the fan performance characteristics of the 
STFF engine. 

Fan performance: The supersonic through-flow fan for the STFF-SST engine was designed to 
provide a pressure ratio of 3.5 at the 57,000 ft, Mach 2.32 cruise condition. At this flight condition the 
local Mach number at the fan face is approximately Mach 2.0 and the local sound speed is approximately 
1000 ftlsec. A mean rotor velocity of 1500 ft/sec was selected for this design point. For this mean velocity 
and a rotor having a hub-to-tip ratio 0.5, the tip velocity would be approximately 1900 ft/sec. This tip 
velocity, although high, was considered feasible for year 2000 technology. 

The supersonic fan chosen for this application (STFF-8) was designed for a fan-face Mach number 
of 2.0 and a mean rotor Mach number of 1.5; the design total pressure ratio was 3.5 with a static pressure 
ratio of 1.0. The blade chord was calculated for a two-shock wave cancellation on the expansion surface 
(see section 3) .  This resulted in the blade shapes shown in Figure 2 1. The leading and trailing mean 
camber angles at the design condition are shown in the figure. The total turning of the rotor was 33.5 deg 
and the stator 28.4 deg. The gap/chord of the rotor was .337 and the stator .276. The flow-passage area 
ratio of the rotor was .826 and the stator ,885. The blades were assumed to be rotatable so that the 
blades could be aligned with the flow at off-design conditions. With such high solidity in a contracting 
passage, rotation of the entire blade may not be feasible, as discussed in the previous section, and a split- 
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blade configuration in which only part of the blade rotates may be more practical. At the time this study 
was done, the split-blade configuration could not be analyzed. Therefore, the performance of a variable- 
pitch single blade configuration was calculated to be representative of what might be obtained with 
variable-pitch, split blading. The subsonic inflow performance of this configuration in presented in Figures 
22 and 23 using conventional fan notation; i.e. total pressure ratio and fan efficiency are plotted as a 
function of the corrected weight flow per unit area, Wc/A, and a corrected mean wheel speed, Vc. This 
fan map looks different from that for a conventional fan because the variable-pitch blading allows the 
blade to be aligned with the flow, thereby avoiding compressor stall over a wide range of weight flows. The 
supersonic performance of this configuration is presented in Figures 24 & 25 as a function of the inflow 
Mach number, MI. and the mean rotor Mach number, ME. Also shown in this figure are the values of the 
corrected flow per unit area for these supersonic inflow conditions. Note that the Wc/A scale is decreas- 
ing, covering the same range of values used for the subsonic inflow conditions. Because this might give rise 
to an ambiguity, all the supersonic through-flow performance is plotted on a function of the fan inlet 
Mach number. 

Engine-characteristics: The STFF engine (see Fig. 20) includes a fixed-geometry inlet, a single- 
stage supersonic through-flow fan, an aft fixed-geometry supersonic diffuser to decelerate the core flow 
into a conventional five-stage high-pressure compressor, a one-stage high-pressure turbine, a two-stage 
low pressure turbine, a core afterburner, and a variable convergent-divergent (C-D) nozzle. The per- 
formance of these components and the integration of these components into a conceptual STFF engine 
are described herein. 

The inlet for the STFF engine is a 16-deg half-angle cone. The inlet total pressure recovery and 
airflow characteristics are shown in Figure 26. This figure shows the flow characteristics for both the 
subsonic and supersonic modes of operation. The inlet and fan were assumed to operate in the supersonic 
mode from the design condition (Mo = 2.32) down to a Mach number of 1.3, and accept the supersonic 
flow generated by the inlet. At lower flight speeds the fan was operated in the subsonic mode; at low 
supersonic speeds (M, = 1.0 - 1.3), the fan limited the flow and forced a normal shock upstream of the 
fan face; the shock decelerated the flow to subsonic velocities at the fan face. Over this narrow range of 
velocities the local Mach number on the conical forebody is near one, and the total pressure losses across 
this normal shock are insignificant. 

The STFF fan inlet corrected airflow is shown in Figure 27. During supersonic operation the cor- 
rected flow is set by the inlet; as shown during subsonic operation, the flow was scheduled to achieve a 
fan inlet specific flow of 42 lb/sec/ft2 at a flight M, = 0.9. Figure 28 shows how the fan inlet and exit 
flow Mach numbers vary with flight Mach number. Note that during supersonic operation the fan face 
Mach number varies from 1.2 to 2.0; the fan accelerates the flow; and the exit Mach number varies from 
2.2 to 2.8. During subsonic inflow operation, the fan face Mach number varies from 0.6 to 0.9 while the 
exit Mach number is approximately a constant 0.4 Mach number. The fan pressure ratio schedule is 
shown in Figure 29. The fan is operated at a pressure ratio of 3.57 at the Mach 2.32 condition, it drops 
off only slightly down to 3.5 at the transition Mach number of 1.3 and remains constant through the 
transonic speed range, and drops off at lower subsonic flight speeds. The conventional fan maintains a 
neary constant total pressure ratio of 3.3 up to a flight Mach number of 1.42, and then drops off to a 
value of 2.5 at the supersonic cruise condition. Figure 30 shows the fan operating lines for both engines. 
For the conventional fan engine, the fan pressure ratio is reduced as corrected airflow is lowered to 
maintain adequate stall margin. For the supersonic through-flow fan, flow and pressure ratio have a 
similar operating line at subsonic flight conditions. During supersonic flight, however, the fan can operate 
at a fan pressure ratio greater than 3.5 to provide the increased thrust. 

The fixed-geometry supersonic diffuser aft of the fan acts like a second inlet to provide subsonic 
flow to the high-pressure compressor. This diffuser is designed at the Mach 2.32 flight condition (fan exit 
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Mn = 2.8)  to capture 55% of the total fan exit flow. Of this flow, ten percent is then bled off to control the 
shock-boundary-layer interaction. The total pressure recovery and flow characteristics of this diffuser are 
shown in Figure 31. As shown in this figure, the fraction of fan flow delivered to the high pressure 
compressor varies from 50% at the Mach 2.32 design point down to 40% at the transition Mach number. 
The core engine was designed to accept the flow delivered by this diffuser at these two flight conditions. In 
between, an additional amount of bleed is required to match the flow requirements of the high compres- 
sor. Figure 32 shows the diffuser bleed flow requirements during supersonic operation of the STFF en- 
gine. 

High pressure compressor operating lines for the conventional and supersonic-fan engines are illus- 
trated in Figure 33. The STFF engine's high compressor operates at it's maximum airflow and pressure 
ratio at the Mach 1 .3  flight condition, which corresponds to the maximum fan inlet corrected airflow (as 
shown in Fig. 27). 

The overall compression ratios (OPR) for the STFF and conventional fan engines are shown in 
Figure 34. The amount of compression was restrained to keep the maximum high compressor discharge 
temperature below the 1860 R goal for engines with a technology availability date of 2000. For the con- 
ventional engine, the fan and high compressor operating points are held fixed below Mach 1.42. Above 
Mach 1.42, as fan airflow is reduced, fan pressure ratio is reduced to maintain a constant corrected flow 
into the bypass duct while the high compressor pressure ratio and corrected flow is reduced. This causes 
the overall compression ratio to drop from 20 to 12 at the Mach 2.32 cruise condition. Because the high 
compressor corrected flow is reduced at higher Mach number while the bypass duct flow is held constant, 
the bypass ratio increases from 1.3 (at low speed operation) to 1.5 at the cruise condition, as shown in 
Figure 35. For the STFF engine, the bypass ratio (based on the flow to the inlet of the high compressor 
after the diffuser bleed is removed) is lowered as flight Mach number is increased. Between Mach 0.0 and 
1.3 the BPR is reduced slightly because of the increased corrected airflow to the high compressor 
(Fig. 33). Between Mach 1.3 and 2.32, the fan pressure ratio is held nearly constant, while the fan inlet 
corrected flow is reduced. This causes the fan exit corrected airflow to be reduced faster than the high 
compressor inlet flow as illustrated in Figure 36. This reduces the bypass ratio. 

The variation of the combustor exit temperature (CET) with flight speed for both the conventional 
and STFF engine is shown in Figure 37. The maximum combustor temperature (at cruise) for the STFF 
engine is 3155 versus 3260 for the conventional engine. This lower temperature plus the lower bypass ratio 
results in a lower thrust specific fuel consumption for the STFF engine. 

As shown previously in Figure 29, the pressure ratio across the STFF fan is kept at a high value 
(3.5) over the entire range of supersonic flight speeds. To maintain a fixed pressure ratio, the fan work 
must be proportional to the total temperature associated with the flight speed. In order to provide in- 
creased power to the fan, the core stream exhaust nozzle area is opened, as shown in Figure 38, to 
increase the low turbine expansion ratio and work output. As flight Mach number is raised from 1.3 to 
2.32 the exhaust nozzle area is increased from 1060 in. to 1490 in. Correspondingly, the low turbine 
expansion ratio is raised from 3.09 to 4.34.  The conventional engine is operated with a fixed core nozzle 
area of 840 in. up to Mach 2 .1  to achieve the desired inlet flow schedule. The nozzle is then opened to 
920 in. at Mach 2.32.  The low turbine expansion ratio varies from 3.03 at Mach numbers below 2 .1  to 
3.24 at Mach 2.32.  

Table 2 summarizes the STFF engine cycle characteristics and component and engine performance 
at the sea level static and supersonic cruise conditions. The supersonic fan allows the engine to be 
matched to a higher fan pressure ratio as flight Mach number is increased, while the supersonic diffuser 
behind the fan increases flow to the compressor as Mach number is increased, thereby reducing the 
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bypass ratio. These characteristics increase the intermediate (dry) power specific thrust at the supersonic 
cruise condition. 

TABLE 2. - SST SUPERSONIC FAN ENGINE CHARACTERISTICS 

Altitude 
Mach Number 
Fan Inlet Corrected Airflow, Ib/sec 
Fan Pressure Ratio 
Bypass Ratio 
Overall Compression Ratio 
Combustor Exit Temperature, R 
Main Inlet Ram Recovery 
Supersonic Diffuser Recovery 
Boundary Layer Bleed,% Core Flow 
Fan Efficiency, % 

High Compressor Efficiency, % 

High Turbine Efficiency, % 
Low Turbine Efficiency, % 

Low Turbine Expansion Ratio 
Core Stream Nozzle Area, in2 
Net Thrust Intermediate Power, Ibs 
Specific Fuel Consumption, Ib/hr-lb 
Inlet Capture Area, ft2 
Inlet/Nacelle Drag, lbs 
Installed Intermediate Net Thrust, Ibs 
Installed TSFC, Ib/hr-lb 

0 
0 

9 60 
3.09 
1.54 
15.9 
2900 
1.0 
.92 
10 
79 
85 
92 
92 
3.3 

1162 
49,700 
0.640 
29.93 

0 
49,700 
0.640 

57.000 
2.32 
670 
3.57 
1.035 
11.5 
3155 
0.989 
.86 
10 
86 
89 
93 
93 
4.2 

1493 
17,430 
1.191 
29.93 
654 

16776 
1.237 

. .  -. - The conventional and supersonic fan engines were installed on the 
Langley - LTV arrow wing supersonic transport and evaluated on a typical supersonic cruise mission. The 
mission profile (shown in Fig. 39) includes a 15 min ground idle, acceleration to climb speed, climb/accel- 
erate to a subsonic cruise speed of Mach 0.9 at 27.500 ft, cruise for 300 nm, climb/accelerate to a 
supersonic cruise speed of Mach 2.32 at 57,000 ft. and cruise on remaining fuel, less reserves. No range 
or fuel flow estimates were made for the descent portion of the mission. Fuel reserves included an in route 
contingency of five percent of mission fuel, 260 nm diversion at best nm/lb of fuel, and a 30 min hold at 
15,000 ft at min TSFC. Vehicle takeoff gross weight was held constant at 762,000 pounds by varying the 
fuel load to compensate for changes in inlet, nacelle, and engine weight. 

Engine size was adjusted to meet all mission requirements and achieve maximum range. The takeoff 
field length requirement was held at 10,500 ft  which required a 0.28 takeoff thrust to weight ratio. One of 
the unique features of the VSCE engine is its ability to achieve reduced sideline jet noise by augmenting 
the bypass stream and establishing an inverse velocity profile. It has been reported that up to 8 dB of noise 
attenuation can be achieved if the outer stream velocity of two co-annular jets is sufficiently greater than 
that of the inner stream (Ref. 6). Since the supersonic fan stream can’t be augmented to achieve an 
inverse velocity profiles, noise requirements must be achieved through reduced thrust per pound of air- 
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flow. This results in a 960 Ib/sec minimum flow size for the supersonic fan engine, while the VSCE 
requires a flow size of only 780 Ib/sec to meet takeoff field length and sideline noise requirements. 

I 
Figure 40 shows the variation of aircraft range with engine size for the supersonic transport mission. 

A range of 6140 nm is reached with the 960 Ib/sec STFF engine which is the minimum size which meets 
the FAR 36 noise requirements. The conventional engine produces a maximum range of 5400 nm, at a 
flow size of 858 Ib/sec which exceeds the FAR 36 noise requirements. The increased range of the STFF 
engine results from reduced weight and lower TSFC due to operation without augmentation during cruise 
as shown in Figure 41. The STFF engine is seen to be penalized by the FAR 36 noise requirement in that 
mission range is still increasing with reduction in engine size below the required 960 Ibhec. 

1 

Summap of r-. - Table 3 summarizes the supersonic transport aircraft and engine characteris- 
tics for the conventional and supersonic fan engines. The STFF engine powered aircraft has a 14% greater 
range because it carries five percent more fuel (lighter engine, inlet, and nacelle) and has a nine percent 
better specific range, which is a result of its six percent higher inlet pressure recovery and an inlet and 
nacelle drag that is 34% of that of the conventional engine system. The improved inlet recovery and lower 
inlet nacelle drag, combined with improved engine cycle characteristics result in reduction in specific fuel 
consumption of 1 1  and 4 percent at the beginning and end of the supersonic cruise. 

TABLE 3. - SUPERSONIC TRANSPORT SYSTEM SUMMARY 

Eneine 
Range, nm 

Airflow Size (SLS), Ib/sec 

Aircraft Takeoff Gross Weight, Ibs. 

Empty Weight, Ibs. 

Payload, Ibs. 

Fuel, Ibs. 

Inlets/Nacelles (4), Ibs. 

Engines (4), Ibs. 

Specific Range n. mi./lb. fuel 
Inlet Pressure Recovery (M, = 2.32) 

Inlet & Nacelle Drag (Mo = 2.32), Ibs. 

Begin Cruise Thrust (Mo = 2-32), Ibs. 

Begin Cruise TSFC Ib/hr/lb. 

End Cruise Thrust (Mo = 2.32), Ibs. 

End Cruise TSFC, Ib/hf/lb. 

cplly 
5,400 
858 

762,000 

259,000 

61,000 
381,600 

21,800 

37,700 
.01415 
0.93 
1913 
16120 
1.40 

11910 
1.38 

STEE 
6,140 

960 
762,000 

259,900 

61.000 
400,000 

8,800 

32,300 

.01535 
0.989 

654 
16030 
1.24 

11880 
1.32 

A% 
+14 

+12 
- 
- 
- 

+5 

-60 

-14 

+9 
+6 

-66 

-1 1 

-4 
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4.2 Mach 2.5 Fighter 

The Mach 2.5 fighter is a projected early year 2000 twin engine air superiority aircraft. The aircraft 
model is based on a MCAIR high-altitude cruise aircraft having a low wing loading. I t  has an 69 deg 
swept, aspect ratio 2 .O wing, and a low cross-sectional, area-ruled fuselage. These characteristics \vould 
be typical of an air superiority fighter, having exceptional transonic and supersonic maneuverability and 
overall mission performance capable of countering the expected threat. 

Conventionalennine. - The conventional engine cycle characteristics for this advanced fighter were 
optimized in a P&W study conducted in 1983 (Ref. 7). A schematic diagram of this engine and the 
supersonic fan engine is illustrated in Figure 42. The conventional engine incorporates ag advanced 
3-stage fan, a 3-stage high compressor, and single-stage high and low pressure turbines. This engine is 
sized to meet the 6.5G load factor at 30,000 ft, 0.9 Mn with the engine operating with full augmentation. 
Table 4 summarizes cycle and max power performance characteristics lor this engine at Sea Level Static, 
30.000 Ft, 0.9 (combat), Mn, 50,000 ft, 0.9 Mn (subsonic cruise), and 75,000 ft ,  2.5 hln conditions 
(supersonic cruise). 

TABLE 4. - FIGHTER CONVENTIONAL ENGINE CHARACTERISTICS 

Altitude 0 30,000 50,000 7 5 * O( )O 

hlach Number 
Fan Inlet Cor. Airflow, Ib/sec 

0 0.9 0.9 2.5 
197 197 197 120 

Fan Pressure Ratio 6.21 6.23 6.30 3.65 

Bypass Ratio 0.19 0.19 0.19 0.278 

Overall Compression Ratio 25.9 25.9 26.1 11.8 

Compressor Exit Temperature, R 1460 1355 1295 I850 

Combustor Temperature, R 3800 3550 3450 4060 

Inlet Ram Recovery 

Fan Efliciency, ?b 

0.97 0.97 0.97 0.9  30 

81 8 1  81 85 

Compressor Efficiency. % 89 89 88 89 

High Turbine Efficiency, % YO 90 88 Y O  

Low Turbine Efficiency, OG 92 92 91 9 0 

Net Thrust (Dry), Ibs 20,400 - 3,331 3,100 

TSFC (Dry), Ib/hr-lb 0.958 - 1.068 I .56 

Net Thrust (Max), Ibs 

TSFC (Alax), Ib/hr-lb 

27,800 13,115 5,200 5,310 

1.64 1.82 1.82 2.26 

t h r o u  - flow fan ennine. - The STFF engine illustrated in Figure 42 is similar to  the 
STFF engine. It is a two spool engine with a single-stage supersonic fan and a four-stage high-pressure 
compressor. I t  incorporates a Fixed-geometry inlet upstream of the fan and a fixed-geometry supersonic 
diffuser after the fan to decelerate the core flow to the the high compressor. It has a single stage high and 
low pressure turbine, and a core afterburner. The supersonic fan used for this engine is the same as that 
employed previously for the SST and the aerodynamic performance is presented in Figures 2 1 through 25. 
For this application, the fan was operated at a 13% higher wheel speed to provide a total pressure ratio of 
4.0 at rhe Rlach 2.5 cruise condition. The overall compression ratio at the Mach 2.5 flight condition \r.aq 
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9.9; it was selected to limit the compressor discharge temperature to 1860R. Table 5 summarizes cycle 
and maximum performance characteristics at sea level static, 30,000 ft, 0.9 Mn, 50.000 ft, 0.9 Mn, and 

I 75,000 ft, 2.5 Mn. 

TABLE 5. - FIGHTER STFF ENGINE CHARACTERISTICS 

Altitude 

Mach Number 

Fan Inlet Cor. Flow, lb/sec 

Fan Pressure Ratio 
Bypass Ratio 

Overall Compression Ratio 

Compressor Exit Temperature, - R 

Combustor Temperature, - R 

Inlet Ram Recovery 

Fan Efficiency, % 

Compressor Efficiency, % 

High Turbine Efficiency, % 

Low Turbine Efficiency, % 

Net Thrust (Dry), lbs 

TSFC (Dry), Ib/hr-lb 

Net Thrust (Max), lbs 

TSFC (Max), lb/hr-lb 

I 

i 

0 

0 

247 

3.33 

0.68 

13.3 

1211 

3320 

1.0 

82 

89 

90 

92 

19,420 

0.906 

23,550 

1.53 

30,000 

0.9 

288 

4.0 

0.60 

17.5 

1237 

3560 

1 .o 
80 

89 

90 

91  
- 
- 

13,804 

1.67 

50,000 

0.9 

288 

4.0 

0.61 

17.5 

1180 

3430 

1.0 

80 

88 

90 

90 

4,240 

1.13 
- 
- 

75,000 

2.5 

147 

4.0 

0.12 

9.9 

1860 

4060 

,987 

85 

87 

90 

93 

5,440 

1.50 

7,440 

1.92 

Figure 43 compares the performance of the conventional and supersonic fan engines at the subsonic 
cruise condition. Although the STFF engine has a higher bypass ratio than the afterburning turbofan 
(Tables 4 and 5 )  at this 50,000 ft ,  0.9 Mn condition, its lower overall compression ratio results in a 6% 
higher TSFC at intermediate power and a 5% higher fuel consumption during cruise. 

Figure 45 compares performance of the two engines at the Mach 2.5 supersonic cruise condition. 
The STFF engine provides a 9% improvement in supersonic cruise TSFC. Since the STFF engine is 
operating at 70% of intermediate power at Mach 2.5, it should provide further improvements over the 
conventional engine at supersonic cruise Mach numbers above 2.5. 

Figures 45 through 49 summarize the variations in fan airflow, fan pressure ratio, bypass ratio. 
overall compression ratio, and combustor temperature for the STFF and conventional engines. These 
variations are similar to those described in the previous section for the supersonic transport engines. The 
main inlet designs and recovery schedules are the same as those used in the SST analysis. 

- The STFF and conventional engines were installed in the Mach 2.5 fighter and 
flown over the mission profile specified in Figure 50. The results of this study showed the supersonic 
through flow fan engine powered aircraft to have a 2% lower takeoff gross weight (TOGW) than the 
conventional afterburning turbofan. The 2% lower TOGW for the STFF engine is due to its improved 
climb/acceleration, supersonic fuel consumption and lighter inlet, which offset a 32% increase in engine 
weight resulting from the larger fan which is required for the STFF engine to achieve the combat sustained 
load factor of 6.5 G’s at 30,000 ft ,  0.9 M. 

. .  
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- Table 6 summarizes the Mach 2.5 fighter aircraft and propulsion system 
characteristics for the conventional and supersonic through-flow fan engines. The 2% reduction in TOGW 
is due to a 7% reduction in fuel weight and a 55% reduction in inlet weight. which offset a 32% increase in 
engine weight. 

The STFF engine does provide a 7% reduction in fuel consumption due to its improved climb/ac- 
celeration, combat and supersonic cruise fuel consumption. Since the STFF engine augments only its core 
stream, its maximum augmented specific fuel consumption at supersonic speeds is 7 to 15% better than 
that of the conventional engine. The STFF engine also produces 0 to 40% more maximum augmented 
thrust during the supersonic climb and acceleration. These features reduce the climb/acceleration fuel by 
22%. and its combat fuel by 9%. At the Mach 2.5 cruise condition, the STFF engine has a 9% better 
begin-cruise specific fuel consumption which is due to its improved cycle, higher inlet pressure recovery, 
and non-augmented operation. This TSFC improvement combined with a 12% higher cruise aircraft LID 
result in a 17% lower supersonic cruise fuel usage. 

TABLE 6. - FIGHTER SYSTEM SUMMARY 

Eneine Conv. STEE 

Takeoff Gross Weight, lbs 38,070 37,250 

Airflow Size (30K/0.9 Mn), lb/sec 197 288 

30000 ftl0.9 Net Thrust (1 Eng), 13,115 13,800 

Aircraft Empty Weight, lbs 16,295 16,120 

Payload, Ibs 2.200 2,200 

Fuel, Ibs 

Engines (2). Ibs' 

Inlets (2),  Ibs 

Max A/B Climb/Accel. Fuel, Ibs 

Combat Fuel, Ibs 

Supersonic Cruise. Fuel, Ibs 

Subsonic Climb/Cmise/Loiter Fuel, lbs 

Supersonic Cruise LID 

14,525 

3,580 

1,470 

3,570 

1,620 

3,580 

5,755 

4.72 

13,530 

4,730 

670 

2,775 

1,480 

2,965 

6,310 

5.28 

-2 

+4 6 

-7 

+32 

-5 5 

-22 

-9 

-17 

+10 

+12 
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4.3 Mach 3.5 Cruise Missile 

The Mach 3.5 cruise missile is a projected year 2000 single engine supersonic intercontinental cruise 
missile having a range of 3500 nautical miles with JP-10 type fuel. It has an overall length of 30 ft  and a 
wing span of 15 ft. It is designed for airlaunch at Mo = 0 .6  and 30,000 ft; solid rocket boosters accelerate 
the missile to the cruise Mach number of 3.5 and 85,000 ft. It has a start-of-cruise gross weight of 8600 
lb and carries 3400 lb of fuel. 

- Propulsion system cycle studies were conducted for the Mach 3.5 cruise 
missile to determine the optimum conventional dry turbojet cycle that satisfied the Mach 3.5 thrust and 
TSFC requirements. Based on a missile weight of 8600 lbs and a lift/drag ratio of 5.2, a begin cruise thrust 
of 1650 is required. For a missile range of 3500 n.mi. and 3400 lbs of fuel a TSFC of 1.6 is required to 
perform the mission. 

Cycle studies were conducted to determine the impact of overall compression ratio (OPR) and 
combustor exit temperature (CET) on inlet corrected airflow and TSFC at Mach 3.5. Figure 51 shows 
that the engine airflow required for 1650 lb thrust would be increased with higher overall pressure ratios 
and be reduced with higher combustor temperatures. Figure 52 shows that generally the specific fuel 
consumption would be decreased with higher pressure ratios and be increased with higher combustor 
temperatures; however, the results did show a minimum TSFC at a temperature of 3040' R at an 
OPR = 2.75 for the maximum compressor exit temperature of 1860' R. 

Figure 53 illustrates the relationships between CET, OPR, and inlet airflow at Mach 3.5 to achieve a 
net thrust = 1650 lbs and a TSFC = 1.60. The maximum compressor discharge temperature of 1860 R 
limits OPR to 2.75. The smallest engine would have an inlet corrected flow of 42.4  lb/sec and a combus- 
tor temperature of 3040 R. 

Table 7 summarizes the cycle and performance characteristics for this conventional dry turbojet. 
This engine is comprised of a three-stage compressor and single-stage turbine. 

TABLE 7. - CRUISE MISSILE ENGINE CHARACTERISTICS 

Enane 

Altitude, ft 

Mach number 

Net Thrust, lbs 

TSFC, Lb/hr-lb 

Inlet Pressure Recovery 

Compressor Inlet Corrected Flow, lb/sec 

Compressor Inlet Actual Flow, lb/sec 

Overall Compression Ratio 

Compressor Discharge Temperature, R 

Diffuser Pressure Loss, % 

Combustor Exit Temperature, R 

Conventional STFF 

Turboiet Turbofan 

85,000 

3.5 

1650 

1 .60  

0 .87  

42 .4  

37.3 

2.75 

1860 
- 
3040 

85,000 

3.5 

1650 

1.60 

0.97 

38.0 

37.3 

2.75 

1860 

10 

3300 
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F- - Propulsion system cycle studies were conducted to de- 
termine the optimum non-mixed dry turbofan engine employing a supersonic through-flow fan. This 
study assumed the same levels of component performance as the SST application. Preliminary results 
indicated that a fan pressure ratio of 1.6 would produce the lowest levels of TSFC for constant compressor 
exit temperature of 1860 R. 

Fan performance: The supersonic through-flow fan for the cruise missile was designed to provide a 
pressure ratio of 1.6 at the Mach 3.5 cruise condition. At this flight condition the local Mach number of 
the fan face is approximately Mach 3.0. A mean rotor Mach number of 1.5 was assumed for the rotor. 
The blade chord was calculated for a two-shock wave conciliation on the expansion surface. This re- 
sulted in the blade shapes shown in Figure 54. This fan was designated STFF-9; the leading and trailing 
mean chamber angles of the rotor and stator are shown in the figure. The flow passage was contracted to 
provide a static pressure ratio of 1.0 across the blade rows. The performance for this fixed-geometry fan 
is shown in Figures 55 and 56. This fan would provide slightly improved total pressure ratio below the 
design Mach number; and fall off at higher speeds. For this single operating point engine the off-design 
performance is not needed, but the capability is there, nevertheless. For example, it may be possible to 
increase the range by accelerating with the STFF turbojet between Mach 2.5 and 3.5. and trade off solid 
rocket weight for fuel weight. 

Engine performance: Two turbofan engine cycle were selected for comparison with the conven- 
tional dry turbojet used for this application. The first cycle, a 0.33 bypass ratio and 2340 F CET, provided 
af TSFC. 5.8% below that of the conventional turbojet. In order to provide the required cruise thrust this 
engine required 56% higher airflow than the conventional turbojet. The large flow size required for the 
STFF engine would result in increased missile diameter which will increase missile weight and drag and 
offset the TSFC advantage. 

The second cycle had a bypass rati of 0.33 and the same airflow size as the conventional turbojet. 
This reduced airflow size is achieved by increasing the CET to 2850 F. This engine should have a similar 
diameter to that of the conventional turbojet, eliminating concern over increased missile weight and drag. 
This cycle has a TSFC comparable to the dry turbojet. 

The inlet weight for the conventional engine, is only 65 lbs. or 5.6% of the propulsion system 
weight. Early NASA estimates of the weight reduction of inlets for STFF engines showed a 2/3 reduction 
compared to the conventional mixed compression inlet. Applying this reduction to the SICM inlet results 
in a 43 lb weight reduction. This represents and equivalent 1.3% of the fuel weight. However, some of 
this weight benefit would be lost, because this engine requires a supersonic diffuser after the fan to 
diffuse the core flow to subsonic velocities. This diffuser would increase the weight of STFF, making the 
benefit even smaller. The performance characteristics of this STFF engine is summarized in Table 7. 

- The potential benefits of using a STFF engine in a Supersonic Inter- 
continental Cruise Missile (SICM) were investigated. The SICM is launched from a subsonic aircraft and 
rocket boosted to 85,OO f t  3.5 Mach number. An airbreathing engine then propels the missile at Mach 
3.5 for a range of 3500 n.mi. Studies conducted by Boeing have determined that a single spool non-aug- 
mented turbojet provides the best conventinal propulsion system. 

. .  

Since the SICM airbreathing propulsion system is designed for operation at Mach 3.5 only, there is 
no performance advantage for the STFF engine. Both the conventional and STFF engines can be de- 
signed to provide comparable performance. 

Table 8 shows that a 43 Ib weight reduction in the inlet will allow the fuel load to be increased by 43 
lbs. This 43  lb fuel weight increase provides a 1.3% range improvement for the STFF engine. This benefit 
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would disappear with less optimistic assumption of component performance or increased engine weight 
e s t i mates . 

1 
TABLE 8. - CRUISE MISSILE SYSTEM SUMMARY 

Range at Mach 3.5,  n.mi. 

Being Cruise Weight, Ibs 

Missile Empty Weight, Ibs 

Payload, Ibs 

I 

Conventional STFF 
Turboiel Turbolan 
3,500 3,545 

8,600 8,600 

3,622 

400 

3,622 

400 

Fuel, Ibs 3,356 3,399 

Fuel System, Ibs 392 392 

Engine, Lbs 

Inlet. l l is  

765 

65 

765 

22 

Average Cruise LID 5 . 2  5 .2  

Engine TSFC @' Mach 3.5 1.60 1.60 

A 3  
1.3 

I . 3  
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4.4 Mach 5 Cruise Vehicle 

The supersonic fan engine evaluated for this application was a hydrogen-fueled air-turbo-rocket 
(ATR) engine. Preliminary cycle studies were conducted to provide design information and fan perform- 
ance requirements. Two fans were designed; each was installed in a conceptual engine configuration and 
engine performance was calculated. The STFF-ATR engine characteristics and performance was com- 
pared with an overhnder subsonic ATRhamjet configuration which was evaluated in a P&W study of 
advanced engines for high Mach number applications (Ref. 17). 

-. - Preliminary cycle studies were conducted to provide information 
needed to make design decisions before conceptualizing this engine design. There were decisions concern- 
ing the overall cycle, supersonic versus subsonic combustion, fan pressure-ratio requirements, flow area 
requirements, and the amount of variable geometry necessary to operate over the speed range from SLS 
to the Mach 5 cruise condition. 

. .  

Preliminary engine configuration: The STFF-ATR engine configuration evaluated in these studies 
is shown in Figure 57. The engine had a fixed conical forebody and a fixed capture area, a hypothetical 
fan, F, which could achieve any specified total pressure ratio, an H2 - O2 gas generator, GG, which drove 
the turbine, T, which provided the correct amount of work to drive the fan, a combustor, C, and exhaust 
nozzle. The flow path through this engine was completely “rubber”. The upper half of the figure shows the 
geometry assumed for subsonic combustion and the lower half shown the geometry assumed for super- 
sonic combustion. Performance was calculated for 5 flight conditions including SLS. subsonic loiter (M, = 
0.9), transonic (Mo = 1.25) ,  mid supersonic speed (Mo = 3.0), and the Mach 5 cruise condition. 

Method of analysis: The STFF-ATR engine was evaluated using the Ram-Cycle computer program 
developed at UTRC. This program provides a front-to-back analysis of the flow through the engine. The 
inlet section includes the oblique shock losses, boundary layer losses, and calculates the flow spilled by the 
centerbody; the fan section calculates the average supersonic (or subsonic) flow conditions leaving the fan 
for a specified total pressure ratio and fan efficiency; it also calculates the compressor work done. This 
work was matched to the turbine work and gas-generator flow for a specified turbine pressure ratio and 
turbine efficiency. The gas generator was operated at a hydrogen rich condition that had a temperature of 
2500 R. The flow in the converging supersonic diffuser after the fan includes shock losses and boundary 
layer losses. The amount of compression was determined by specifymg an average throat Mach number, 
M,, which at the Mach 5 cruise condition was a nominal M3 = 1.8; however this throat Mach number was 
varied up to M3 = 2.4.  At lower flight speeds, the throat Mach number was reduced. 

For the supersonic combustion configuration, the program calculates the combustor exit conditions 
for a specified heat release distribution and overall combustion efficiency, t],, , which varied between 90 
and 100% according to the following relationship. 

Eq. 37 

where #J is the stoichiometry of the hydrogen before combustion. The combustor calculation also included 
some core losses and boundary layer losses. The nozzle calculation included a 2% core loss plus boundary 
layer losses. 

For the subsonic combustion configuration. the flow was decelerated to subsonic velocities through a 
“normal shock” in the throat region which included divergence and friction losses in addition to the ideal 
shock losses; it was decelerated to lower speeds in the subsonic diffuser which had an assumed efficiency 
of 75%. Fuel was added and burned in the constant-area combustor with friction losses and a combustion 
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efficiency as specified by Eq. 37. The flow was reaccelerated in the convergent-divergent nozzle which 
had a 2% core loss plus boundary layer losses. The throat areas of the supersonic diffuser and C-D nozzle 
were varied as needed to accommodate all the flow which entered the fan. The nozzle exit pressure 
ranged between 1.0 to 1.75 x the free-stream static pressure as the flight speed ranged from subsonic to 
Mach 5. 

I 

Supersonic vs subsonic cornbustion: The impact of supersonic combustion was evaluated at the 
Mach 3 and 5 flight conditions. Since the supersonic through-flow-fan does work on the flow without 

followed directly by a diverging supersonic combustor and nozzle would eliminate most of the large diffu- 
sion losses from a supersonic combustion configuration. 

I incurring the losses associated with decelerating the flow to subsonic velocities, a supersonic diffuser, 

The performance of the subsonic and supersonic combustion configurations at the Mach 5 cruise 
condition is presented in Figures 58 and 59. Calculations were made for fan total pressure ratios, P T ~  , of 

1.0 and 1.5. The pressure ratio of 1.0 is the equivalent of removing the fan and operating like a ramjet 
(RJ), or scramjet, (SCRJ), as labeled in the figure. The pressure ratio of 1.5 may not seem like much, but 
at this Mach 5.0 flight condition, the incoming total pressure of the air is approximately 530 times the 
free-stream static pressure i.e., at the 70K ft flight altitude; the static pressure is 0.65 psi; the total pres- 
sure of the air flowing into the fan would be approximately 345 psi; and the exiting total pressure would be 
517 psi. The performance was calculated over a range of stoichiometries, @ . For the ramjet or scramjet 
operation all the H2 fuel was added into the combustor and the engines could be operated over the full 
range of stoichiometries; however, when the fan was used, the gas generator flow was set by the compres- 
sor work requirements, and the hydrogen rich portion of the gas generator set the minimum stoichiometry 
for the engine at @ gg. Additional hydrogen could be added to the combustor to increase the stoichiometry 
to 1.0. 

The results, presented in Figure 58, show that subsonic combustion would provide greater thrust 
than supersonic combustion with and without fan compression. The compression done by the fan in- 
creases the thrust, but the specific impulse, shown in Figure 59, is reduced significantly. That is because 
only 40% of the weight of the gases from the gas generator is hydrogen, the remainder is water, Since the 
impulse is based on the total weight of gas generator propellant, and not just the hydrogen which is 
availalbe for reacting which the air, the specific impulse of an air-turbo rocket engine is always penalized 
by the amount of extra oxidizer which is carried on board. 

Similar results were obtained at the Mach 3.0 flight condition. Fan pressure ratios of 1.5 and 2.0 
were examined. The results are shown in Figures 60 and 61. At this lower flight speed, the difference 
between supersonic and subsonic combustion is even more pronounced. the supersonic combustion engine 
had about 1/3 less thrust and lower specific impulse. Increasing the fan total pressure ratio provided 
greater thrust and slightly lower impulse for the subsonic combustion engine. At this intermediate speed, 
thrust is probably more important than fuel specific impulse. 

It was concluded from the results at these two supersonic flight conditions, that the engine should be 
operated with subsonic combustion and with no compression work at the Mach 5 cruise condition, since 
the cruise range is directly related to the engine specific impulse. In fact, the engine may want to be 
oversized, so it could be throttled at the cruise condition to provide higher impulse than that obtained at 
the max thrust, stoichiometric condition. 

Engine performance at the subsonic and transonic flight speeds was evaluated for the subsonic com- 
bustion configuration only. The thrust performance at the transonic condition, (Mo = 1.25) is presented 
in Figure 62. Calculations were made at four fan total pressure ratios ranging from 2 to 5. At this flight 
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speed, the fan was assumed to operate as a supersonic through-flow fan; the fan exit Mach number 
ranged from 1.6 to 2.2. Increasing the fan pressure ratio provided a substantial increased in thrust, with 
only a small reduction in impulse (not shown). It should be noted that increasing the pressure ratio, also 

increases the minimum @gg, resulting in a smaller operating range at the higher fan pressure ratios. Fan 
pressure ratios between 2 and 4 look attractive at this flight speed. 

The subsonic performance at 0.9 Mach is presented in Figure 63. In this figure the thrust is normal- 
ized by the total pressure rather than the dynamic pressure used in the definition of the thrust coefficient. 
At this flight condition the conversion factor is approximately 3, ie. CT = 3xFN/PTA, . This thrust nor- 
malizing parameter was used for the subsonic performance, because when normalized in this manner the 
performance presented at this subsonic flight condition. can be used to represent the performance at other 
subsonic flight conditions (within approximately 5%). i.e. the SLS performance (not shown) is similar to 
this. 

At this subsonic flight condition, the fan was operated in the transonic mode with subsonic exit flow. 
A wide range of fan pressure ratios ranging from 2 to 8 were investigated. Increasing the fan pressure ratio 
provided a significant increase in the engine thrust; and very little change in the fuel specific impulse. 
Increasing the compressor work increases the gas generates flow, and the min +gg increases; at a pressure 
ratio of 8, the stoichiometry provided by the hydrogen rich gas generator gasses approaches one. Opera- 
tion at fan pressure ratios between 3 and 5 looks attractive at the subsonic flight speeds; at higher pressure 
ratios the thrust improvement is reduced and the operating range is narrowed. 

The results of the preliminary cycle studies, indicated a range of desired fan total pressure ratios at 
each flight speed. These results are summarized in Figure 64. The desired range of fan total pressure 
ratios varies between 3-5 at subsonic speeds down to zero at the Mach 5 cruise condition. A fan which 
can operate with in this band would be suitable for an STFF-ATR engine for a Mach 5 cruise vehicle. 

- Two variable-pitch, split-rotor, split-stator fan configurations were designed 
for this application. These split-stage fans are designated by VPRS-1 and VPRS-2. The first fan had a 
pressure ratio of approximately 2.2 at a fan inlet MI = 2 design condition. This second fan had a pressure 
ratio of approximately 2.8 at the M = 2 design condition.The mean blade geometry and performance of 
fan configuration VPRS-1 is presented in Figures 65 through 69. The mean blade geometry and perform- 
ance of fan configuration VPRS-2 is presented in Figure 70 through 74. The subsonic fan performance, 
presented in Figures 66, 67, 71. and 72, is plotted as a function of the corrected airflow, Wc/A, for 
specified values of the corrected rotor velocity, Vc. The supersonic fan performance is, presented in 
Figures 68, 69, 73 and 74, is plotted as a function of the inlet Mach number, MI, for specified values of 
the mean rotor Mach number, MR . A second scale shows values of the inlet corrected airflow, Wc/A. 

Both fans provide total pressure ratios between 3 and 4 with subsonic (transonic) inflow conditions. 
With supersonic inflow velocities, configuration VPRS-1 provides a maximum pressure ratio of 
approximately 3 dropping off to 1.0 at a fan inlet Mach number slightly in excess of 3 (a flight Mach 
number of about 4).  At this condition ( h R  = 1) the fan work is low but not yet zero; the windmilling 
condition (Work = 0) occurs at a slightly higher Mach number with a total pressure ratio less than 1.0.  At 
supersonic velocities, configuration VPRS-2 had a maximum pressure ratio approaching 4, dropping off to 
1.0 at a fan inlet Mach number slightly under 4. At the Mach 5 cruise condition the fan inlet Mach 
number is about 4 and the windmilling rotor Mach number is approximately 1.3. At this windmilling 
condition the rotor speed would be approximately 1500 ft/sec, which is the design rotor speed. 

. .  -. - A supersonic through-flow-fan, air-turbo-rocket (STFF-ATR) engine 
concept was selected and engine geometries were specified for each of the two fan configurations de- 
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scribed above. The flow conditions along the entire engine flow path were determined and engine per- 
formance was calculated. The STFF-ATR engine characteristics and performance were compared to an 
overlunder ATR/RI configuration evaluated in a previous P&W study (Ref. 17). I 

STFF-ATR engine concept design: The preliminary engine cycle results, discussed previously, 
were a series of design point calculations which required a "rubber" engine to meet the flow area require- 
ments. For example, the throat area of the supersonic diffuser downstream of the fan required a variation 
from 5 to 33% of the inlet capture area, and the nozzle throat area required a variation from 8 to 110% of 
the inlet capture area. Certainly, there extreme changes in geometry cannot be accomplished in a practical 
engine design and some compromises must be made to aqive at a realistic engine concept. Where possible 
one would like to specify fixed-geometry components. and if variable components are required, to keep 
the range of variation to a minimum using a hardware concept that is buildable. With this philosophy in 
mind, the engine concept shown in Figure 75 was selected for this study. 

I 

The STFF-ATR engine concept shown in Figure 75 is similar to the engine schematic shown previ- 
ously in Figure 57; however the internal flow path is fixed except for the cowl door (which by-passes some 
of the fan flow) and the exhaust nozzle throat. The variation in nozzle throat area is a factor of about 2, 
which can be accomplished with a state-of-the-art annular nozzle. 

The engine consists of a fixed geometry conical inlet which is designed to have the shock-on-lip at 
Mach 5. The variable-pitch, split-blade fan is located inside the cowl lip. All the fan flow is decelerated in 
the convergent annular supersonic diffuser. The amount of compression can be adjusted by the cowl doors 
or flaps which form the outer surface. At the Mach 5 design condition the doors are closed and no flow is 
spilled. The fixed diffuser throat is sized to accept all the fan flow at this Mach 5 condition. At lower 
speeds, such as the Mach 2 flight condition depicted in the lower half of the figure, the doors are ajar, by- 
passing some of the flow and reaccelerating it in the divergent passage between the fixed structure and the 
movable cowl door. The pressure recovery through the normal shock system in the divergent throat was 
calculated in a manner which reflects the losses which would be incurred with no boundary layer bleed. 
There is a small additional pressure rise in the subsonic diffuser which establishes the pressure level for the 
turbine exit flow mixer and entrance to the constant-area combustor. A variable-throat-area, conver- 
gent-divergent exhaust nozzle was used. the nozzle exit area was 1.5 x the inlet capture area. 

The fan performance was obtained from the fan maps, the turbine work was set equal to the fan 
work plus fuel pump work. The gas generator and turbine were sized at the Mach 1.5 condition where the 
compression work was a maximum. The turbine had a design pressure ratio of 10 which would convert 
about 40% of the energy in the hydrogen rich gas-generator flow to useful turbine work. Over most of the 
speed range the gas generator was operated at on O/F ratio of 1.153 which produced a temperature of 
2500 R and left 40% of the gas as unreacted hydrogen. At the high Mach number conditions (Mo = 3 & 
4). where less turbine work is required, the O/F was reduced to .833 which reduced the temperature to 
2000 R and left 49% of the gas as unreacted hydrogen. 

Two engine geometries were specified; one for using the low compression fan VPRS-1 and one using 
the higher compression fan VPRS-2. The engine flow areas of these two designs are given in Table 9. The 
flow areas of the two engines are very similar; the fixed throat area, AJ, at entrance to the core flow was 
slightly (3%) larger for the second engine. This small change plus the higher compression ratio of the 
second fan resulted in less spillage and a significant reduction in the throat area variation of the by-pass 
nozzle, ABY. The combustor areas and nozzle exit area were the same, and the required area variations of 
the primary nozzles, A*5, were approximately the same. 
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TABLE 9. - STFF-ATR ENGINE AREAS 

ypRs-1 

0.500 

0.394 

0.121 

Om .111 

0.00405 

0.0345 

0.500 

0.200 to .412 

1.500 

VPRS-2 

0.500 

0.365 

0.125 

0 to .058 

0.00317 

0.0330 

0.500 

0.200 to .431 

1.500 

STFF-ATR engine performance evaluation: Engine performance was calculated at 9 flight condi- 
tions, from SLS to the Mach 5 cruise condition. The flight path used for these calculations is one in which 
the vehicle accelerated from 0 to .6  Mn at SL, climbs to 20,000 ft ,  .9  Mn, accelerates through the 
transonic region at constant altitude to Mach 1.5, then climbs while it accelerates to Mach 5 maintaining a 
1500 psi dynamic pressure. The actual altitudes and dynamic pressures used in the calculations are shown 
by the symbols in Figure 76. These conditions approximate the assumed trajectory of the supersonic climb 
path. In this section of the report, the results were corrected to the 1500 psf dynamic pressure flight path. 
In the next section, which shows comparisons with the conventional ATWRJ. the actual conditions were 
used to be consistent with the previous ATR studies. 

The following section describes the main operating characteristics of the engine, starting with the 
inlet and ending with the nozzle. The inlet has a fixed-geometry forebody consisting of a 9-deg cone plus 
4-deg of isentropic compression to a 13 deg conical surface upstream of the fan. The performance char- 
acteristics of this inlet are shown in Figures 77 & 78. The total pressure ratio and Mach number entering 
the fan are shown in Figure 77. The total pressure loss is mainly due to the boundary layer, the shock loss 
is about 114 of that shown. The Mach number at the face of the fan is considerably less than the flight 
Mach number, close to 4.0 at the Mach 5 cruise condition. Note the discontinuity in the curve just below 
Mach 1.5. At Mach number of 1.5 and above, the fan was operated as a supersonic device; below Mach 
1.5 the fan was operated as a subsonic device with an inlet Mach number of 0.8; for flight speeds between 
Mach 1 and 1.5 a normal shock would be forced upstream of the inlet to decelerate the flow to subsonic 
velocity. The inlet relative weight flow and additive drag are shown in Figure 78. The inlet was designed to 
capture 100% of the flow at Mach 5; at transonic Mach numbers about 50% of the flow is spilled effi- 
ciently by the conical forebody. Note, that the flow discontinuity at the transition point is small. 

Using the fan face conditions provided by the inlet and the fan performance presented previously in 
Figures 65 through 74, a fan operating point was selected which had a mean rotor velocity of 1500 ft/sec. 
This design wheel speed resulted in a rotor Mach number which varied from 1.35 at SLS up to approxi- 
mately 1.5 at Mach 2, and dropping again at the higher flight speeds down to approximately 1.3 at the 
Mach 5 windmilling condition. The resulting total pressure ratios for the two fans are shown in Figure 79.  
Both provided a total pressure ratio near 4 at subsonic conditions and both dropped off to a pressure ratio 
of approximately 0.55 at the Mach 5 windmilling condition. In between, the second fan configuration 
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(VPRS-2) provided higher total pressure ratios. The first configuration (VPRS-1) provided about 75% of 
these values. The fan inlet and exit Mach numbers are given in Figure 80. When operating as a subsonic 

low supersonic velocities (where the fan does a lot of work) the supersonic fan accelerates the flow to a 
higher Mach number, but at the high flight speeds, the exiting Mach number was less than the inlet Mach 
number, especially at the Mach 5 windmilling condition. At this windmilling condition, there was a total 
pressure loss across the fan; however associated with this was a significant amount of supersonic diffusion 
which reduced the supersonic diffusion required by the following compression region. 

I fan below Mach 1.5, the fan exit Mach numbers are considerably less than the fan inlet Mach number. At 

The supersonic fan exit flow was diffused in the annular region between the centerbody and the 
variable cowl flaps or door which provided a variable flowpntraction ratio. The performance of this aft 
diffuser is shown in Figure 81. The upper curve of the .upper figure (labeled throat) presents the total 
pressure ratio across this convergent supersonic diffuser. The lower curve shows the additional losses 
associated with decelerating the flow to subsonic velocities at the burner entrance. The lower figure shows 
the Mach numbers at the diffuser throat and burner entrance. The symbols shown in these figures indicate 
the associated free-stream Mach numbers. Note that as the free-stream Mach number varies from 1.5 to 
5 .0 ,  the fan exit Mach number only varies between 2 .3  and 3.2, and the supersonic diffuser exit or throat 
Mach number varies between 1.3 and 1.8. During subsonic operation of the fan, the subsonic fan exit flow 
was accelerated to sonic conditions at the diffuser throat. 

The throat of this supersonic diffuser is where the flow was split, the core flow-entering the fixed 
engine duct and the remainder spilled overboard through the cowl door as shown in the engine schematic 
(Fig. 75).  Figure 82 shows the airflow characteristics of these two engines. The upper curve shows the flow 
which enters the inlet and is compressed by the fan, it is the same as the inlet flow presented earlier in 
Figure 78. The lower two curves show the core flow which enters the main engine, the difference is the 
by-pass flow. The second fan configuration VPRS-2 provided greater compression of the flow, and thus 
more flow could pass through the fixed-throat area and enter the engine. There is a significant discontinu- 
ity in the core flow schedule at the transition Mach number. When operating in the subsonic mode, the 
cowl doors would be positioned at an area which chokes the flow at the second throat; when’transiting to 
the supersonic mode of operation the doors would be opened (quickly) spilling more flow, dropping the 
pressure and letting supersonic conditions to be established through the fan. 

The bypass flow is reaccelerated through the divergent oblique exhaust nozzle formed between the 
fixed engine structure and the variable cowl doors (see engine schematic, Fig. 75).  Because of the com- 
pression work which has been alone on this flow, this flow can be accelerated to a higher velocity than the 
free-stream velocity, thereby providing thrust. The velocity of this by-pass flow and the exhaust velocity 
of the main engine (core) flow is shown in Figure 83. At subsonic flight conditions the velocity of this 
by-pass flow is approximately 2000 ft/sec., providing a significant amount of thrust; at higher flight speeds 
the thrust from the by-pass flow decreases, becoming zero at a flight speed of approximately 3.6. Thus 
spilling flow at flight speeds at Mach 4 and above would result in a spillage drag. Note that the airflow 
schedule (Fig. 82) for the second fan configuration VPRS-2, does not spill at Mach 4 and above. 

The main engine (core) flow which is heated in the combustor to high temperatures has a much 
higher exhaust velocity, thereby providing significantly more thrust-per-lb. of airflow. Thus the engine 
total thrust is maximized by maximizing the flow through the main (core) engine; however this does not 
necessarily maximize the fuel specific impulse. 

The combustor pressure is shown in Figure 84. The second configuration with the VPRS-2 fan has 
higher combustor pressures. The pressures are quite reasonable, below 75 psia up to Mach 3, then climb- 
ing to about 110 psia at Mach 5 ,  1500 psf flight condition. At a higher cruise altitude where the dynamic 
pressure is only 1000 psf, the combustor pressure would be reduced to 75 psia. If the supersonic accelera- 
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tion climb path above Mach 3 were changed to reduce the dynamic pressure from 1500 to 1000 psf at 
Mach 5. the combustor pressures would not exceed 75 psia. 

The work required by the fan and the gas-generator flow rate required to drive this compressor is 
shown in Figure 8 5 .  The maximum compressor work required for a 25 112 capture area engine is spproxi- 
malely 65,000 BTU/sec or about 90,000 HP. The original engine was configured with a reduction geilr 
box belween the turbine and the fan; however, this large power requirement led to tlie elmination of the 
gear box and the use of a multi-stage turbine to extract the energy from the gas generator flow. 

The engine and bypass nozzle throat areas are shown in Figure 86. The main (core) engine throat 
area requires an area variation from approximately 20 to 43% of the capture area. This amount of vari- 
ations can be attained with a state-of-the-art annular nozzle. The by-pass throat area varied from zero at 
the cruise condition to a maximum of 1 1 %  for the VPRS-1 fan and 6% for the VPRS-2 [an. Either 0 1  
these requirements could be met with only a small amount of movement of the cowl doors. 

The thrust of these LH’O engine configurations is presented in Figure 87. an STFF-ATR engine 
having a capture area o f  25 ft2 would provide approximately 70,000 Ib. of take-off thrust, S0,000-70,000 
Ih. of thrust through the transonic region, and a thrust in excess of 50,000 Ib. over the entire supersonic 
ncceleration-climb-patll. The second engine using the \‘PRS-2 fan would provide approximately 2 5 5  
greater thrust than the first engine along this supersonic acceleration path. 

The fuel specific impulses of these engines are presented in Figure 88. The impulses are comparable 
witli the second engine being slightly better over the low end of the speed range. The level of speciric 
impulse (2000 - 2500 sec) which is obtained by these STFF-ATR engines at low speeds is consicleralil! 
less than ~ ‘ o u l d  be obtained from a conventional turbofan because only 40% of the propellant is comlws- 
table H2 fuel, the remaining SOQ; is H20. However, at hlacli 5, where the engine is operating like a rilti1,iet. 
all the fuel is hydrogen and the impulse obtained is 3500 sec. Furthermore, the impulse is increased crhen 
the engine is throttled to lo\ver power (lower @ )  settings as shown in Figure 89. Operation at Iiall the nliix 
ilirust, at @ = .4, would increase the fuel specific impulse to about 4400 sec. 

The results presented in these last three figures show that the engine designed with higher pressure 
ratio ran, \‘PRS-2, would provide greater thrust and impulse, over the lower spreed portion of the flight 
trajectory. and comparable performance at the hlacli 5 cruise condition. Therefore, this engine configura- 
tion \viis selected as the baseline STFF-AIR to be compared with the conventional A T R  engine. 

Performance comparison: The performance of the supersonic through-flow air-turbo-rocket 
(STFF-ATR) engine is compared with that of a conventional air turbo rocket ramjet engine (ATR-RJ) 
herein. The conventional ATR-RJ concept is illustrated in Figure 90. This concept consists of an air 
turborocket (ATR) engine and a ramjet in an overhnder configuration. The ATR has a 2 stage conven- 
tional fan powered by a seven stage turbine. An oxygen/hydrogen burner provides fuel rich flow to the 
turbine. This fuel rich flow is then mixed with the fan discharge flow and burned in the afterburner. ThiT 
A T R  is operating from hlach 0 to approximately hlach 3.5. The ramjet burner is turned on at hlacli I . 2 .  
At flight hlach Numbers above 3.5, all the inlet airflow passes through the ramjet. 

Tables 10 and I I provide a summary of the STFF-ATR and conventional ATR-RJ maxinium p o w r  
engine performance at several points along the climb path, shown previously in Figure 76. The airflow 
levels slio\vn are based on sizing both engines to produce 72,000 Ibs installed thrust a1 tlie 50.000 f t . .  3.0 
\In condition. This results in an ATR-RJ that has an ATR with  a maximum fan inlet corrected ilirllo\b ol 
2 6 0  Ildsec at sea level static. and a ramjet with a ramburner area of 8.5 ft2. The thrust levels sho\vn in  
these t a l i l e ~  are the net thrust which includes the inlet drag. 
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TABLE IO. - STFF-ATR PERFORMANCE (MAX POWER) 

I Ahilude, f t .  

hlach Number 

Inlet Capture Area, ft2 

Inlet Recovery 

Total Inlet Airflow, Ib/sec 
1 

Total Inlet Cor. Flow, Ib/sec 

Fan Pressure Ratio 

Bypass Airllow, Ib/sec 

Turhine Temperature. R 

dlain Burner 0 2  + H,, Ib/sec 

Shalt horsepower, HP 

Turbine Expansion R a t i o  

AIterhurner H2. Ih/sec 

Total  (H2 + 02), Ibhr 

Nozzle temperature, R 

N o n e  Pressure Ralio 

Nozzle CY 

Ne1 Thrust 

TS F C' I h/h r - Ib 

ho771e Throat Area, I t *  

Y o ~ z l e  Exit Area. ft2 

0 

0.1 

25.3 

0.999 

603 

602 

3.84 

139 

2500 

26.3 

65,400 

9.6 

3.4 

10 7,000 

4360 

3.1 

.985 

69,600 

1 .54  

10.8 

13.7 

20000 

3.5 

25.3 

0.990 

872 

584 

3.50 

296 

2500 

38.2 

96,900 

10 

0.7 

140,200 

4420 

10.9 

.985 

85,000 

1.65 

9.6 

26.5 

50000 

3.0 

25.3 

0.968 

587 

208 

1.8 

74 

2020 

27.4 

4 3.000 

6.64 

1 .  I 

102,700 

4630 

44.8 

.985 

72,000 

1.44 

7.4 

38.0 

70000 

5.0 

25.3 

0.9 I 3  

550 

49.1 

0.55 

0 

- 

- 

- 

- 

I h .  I 

57.900 

5050 

I S 3  

,985 

5 h.  300 

I .03 

5 .  I 

38.0  
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TABLE 1 1 .  - CONVENTIONAL ATR-RJ PERFORMANCE (MAX POWER) 

Altitude, ft .  

hlacli Number 

Inlet Capture Area, ft2 

inlet Recovery 

Total Inlet Airflow, Ib/sec 

Fan Inlet Airflow, Ib/sec 

Ramjet Inlet Airflow, Ib/sec 

Total Inlet Cor. Flow, Ib/sec 

Ramjet Inlet Cor. Flow Ildsec 

Fan Inlet Cor. Flow. Ib/sec 

Fan Pressure Ratio 

Turhine Temperature, R 

hlain Burner 02. Ib/sec 

hlain Burner HZ. Ildsec 

Turbine Horsepower, H P  

Turbine Expansion Ratio 

Ram Burner H2, Ib/sec 

Toial O2 + H2. Ib/lir 

Nozzle Temperature, R 

Nozzle Pressure Ratio 

Noz7,le Cv 

Net Thrust, Ibf 

TSFC. Ib/hr-lb 

Nozzle Throat Area, ft2 

Nozzle exit area, ft2 

0 

0 

28.35 

.90 

234 

234 

- 
260 

- 
260 

3.20 

2320 

10.9 

8.8 

20,500 

2.38 

0.0 

7 1,050 

4425 

2.98 

.95a 

30635 

2.13 

6.2 

38.9 

20000 

1 .5 

28.35 

.969 

529 

358 

171 

362 

117 

245 

2.90 

2460 

17. I 

12.8 

32,400 

2.42 

4.7 

124,140 

4330 

7.74 

.965 

43750 

2.87 

13.5 

38.9 

50000 

3.0 

28.35 

.76 

605 

298 

307 

272 

138 

134 

I .70 

2460 

15 .5  

11.6 

2 2,200 

1.94 

9.1 

130,100 

4430 

42.2 

.976 

72000 

1.81 

10.7 

38.9 

70000 

5.0 

28.35 

.5 I 

517 

- 

5 17 

82.7 

82.7 

- 

- 

- 

- 

- 

- 

- 

15.0 

53,860 

4780 

333 

.975 

45Y40 

1.12 

2.65 

35.9 

Figure 91 compares the inlet total pressure recovery for the fixed conical STFF-ATR inlet and Tor 
the 1 ariahle-ramp two-dimensional inlet of the ATR-RJ concepl. The short inlet Tor the STFF-ATR 
engine provides much higher recoveries because it is only diffusing the flow a small amount to a lower 
supersonic velocity wherever tlie conventional inlet is diffusing the flow to subsonic conditions. 

Figure 92 compares the inlet airTlow schedules Tor the STFF-ATR and conventional engines. FoI 
the STFF-ATR system, all of the inlet flow passes through the fan. The conventional ATR-RJ begins 
operating a t  hlach 1.2, and above Mach 3.5 all the inlet flow passes through tlie ramjet. Figure 9 2  slio\vs 
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that tlie supersonic fan engine passes much more flow than the conventional fan ATR at Mach numbers 
below 2. 

Figures 93 and 94 show the fan inlet corrected airflow and pressure ratio variations with Mach 
number for both engines. The conventional fan ATR, is not operated above Mach 3.5. The fan in tlie 
STFF-ATR operates at all flight conditions. Above Mach 4, the STFF fan total pressure ratio is less than 
I . O ,  as described previously. Figure 95 illustrates the fan operating lines during supersonic flight for both 
engines. Figure 96 compares the conventional ATR-RJ engine's inlet corrected flow schedule with thal 
provided by the inlet. The inlet corrected flow reflects the mass flow ratio shown in Figure 97 and inlet 
pressure recovery schedule shown previously in Figure 91. The total engine flow below Mach 3.0 is less 
than the inlet flow capacity, requiring that a large amount of air bled or spilled. The resulting total inlet 
drag is presented in Figure 98. The additive drag of the STFF-ATR engine is also shown in this figure. 
This inlet requires no boundary layer bleed, the fan passes all the air captured by the inlet, and the bypass 
flow produces thrust. Thus the inlet drag of the STFF-ATR engine is an order of magnitude less than thilI 
of the conventional ATR-RJ. 

Figure 99 presents the maximum augniented ne1 thruz( along the climb path shown for the STFF- 
ATR and ATR-RJ engines. The STFF-ATR engine was sized to provide the same thrust as the cornen- 
lionill ATR-RJ a t  Mach 3. For this size engine the STFF-ATR has twice as much thrust as tlie conten- 
tional ATR-RJ at Mach Numbers beloh 1.25 because it flows about twice as niuch airflow. (see Fig. (12). 
Above Mach 4.0 both engines are basically operating as ramjets and the STFF-ATR provides more thrust 
;it hlncli 5 hecause i t  jmsses slightly more airflow through the burner and has no inlet drag. 

Figure I O 0  compares the maximum augmented specific fuel consumption (TSFC) rales for I-iolh 
engines. This TSFC is the ratio of the total propellant (hydrogen plus oxygen) flow rate divided b y  the 
total net thrust. The STFF-ATR has a lower TSFC at the low Mach Numbers because of its lower inlet 
drag and because the bypass air provides thrust. The overall propellant/fan flow for the STFF-ATR is 
much lower than that of the ATR-RJ as shown in Tables 10 and 1 1 .  The higher fan pressure ratio also 
increases the STFF-ATR specific thrust, which reduces fuel consumption. 

At tlie hlach 5 cruise condition, both the STFF-ATR and ATR-RJ engines operate as raniiets. In 
the STFF-ATR engine, all the flou passes through the fan. which is windmilling, and is then I-iurned i n  the 
augnienror. I n  the conventional ATR-RJ all the inlet flow passes through the ramburner. Since the tot i l l  

airflow for I-ioth engines is burned stoichiometrically the overall efficiencies which is reflected l-i\ Ilie 
TSFC's are similar. Figure I O  1 presents Lhe part-power performance Tor both engines nr 7 0 . 0 0 0  f i . .  

Mach 5.0 as the ramburner fuel flow is varied. The difference is primarily due to inlet drag. 

-. - As part of this supersonic through-flow-fan air-turbo-rocket 
(STFF-ATR) study a conceptual design of the engine was performed in sufficient detail to determine the 
major issues associated with the mechanical execution of the concept. 

The STFF-ATR and conventional ATR-RJ performance presenied previously in Tal-iles I O  and I I 
shows that the 20.000 ft. 1.5 hln flight condition produces the largest shaft liorsepo\ver requirernenl lor 
bolli engines. Therefore, this operating point is used to design their turbines. Since both engines burn pure 
oxvgen and hydrogen in the main combustor, it is desirable to maintiain the burner flow at a l o \ v  level t o  

minimize the fuel consumption. The turbine temperature for both engines is kept below 2500 F to use 
uncoolecl turbines. 

Tal-ile I2  summarizes the fan, burner, and turbine operating characteristics for tlie STFF-ATR ilnd 
ATR-RJ concepts. The conventional ATR-RJ engine, shown in Figure 102. incorporates a two stage 2 .4  
pressure ratio fan designed with a tip speed of 1590 ft/sec. The total oxygen/hydrogen flow of 29.8 IWsec 



in the main burner is one-twelfth of the fan inlet flow of 355 Ib/sec. This produces a turbine work 
requirement of 768 Btu/lb. The turbine is a direct drive design which requires seven stages to produce the 
768 Btu/lb specific work wilh an elliciency of 93%. 

TABLE 12. - STFF-ATR AND ATR-RJ DESIGN SUMMARY 

Operating conditions at 20,000 ft ,  1.5 Mn 

Inlet Capture Area 

Number of Fan Slagec 

Fan Corrected A i r l h ,  Ib/sec 

Fan Inlet Hub/Tip Ratio 

Fan Inlet Specific Flow, Ib/sec 

Fan Tip Diameter. in. 

Fan Inlet Rim diameter. in. 

F a n  Tip Speed, ft/sec 

Fan Rotor Speed, RPhl 

Fan Airflow, Wsec 

Fan Pressure Ratio 

Fan Efficiency. Ob 

Fan Specific U'ork. btu/lb 

Shalt Horsepower. HP 

Burner 0, t H2 Flon, IWsec 

Turbine Inlet Temperature, R 

Turbine Specilic Work, lm/lb 

Turbine Rim Diameter, in. 

Turbine Rim Speed, ft/sec 

Nu ni he r of S ta ge s 

Rim \'elocit\ Ratio 

Turbine Efficiency, % 

Turbine Pressure Ratio 

28.35 

2 

235 

.40 

40.0 

36.6 

14.6 

I600 

10015 

358 

2.9 

85.7 

64 .5  

32.400 

29.8 

2460 

768 

22.1 

'965 

7 

.4 1 

93.2 

2.42 

25.3 

1 

584 

0.708 

45.7 

68. I 

48.2 

I732 

5829 

872 

3.5 

84.3 

79 

96,900 

38.2 

2500 

1704 

39.4 

1000 

15 

.4 I 

90.0 

I 0 

The STFF-ATR engine is illustrated in Figure 103. It's fan design. s h v n  in Figure 104. is hasetl on 
a lip speed ol' 1732 FPS and a 0.708 hub  to lip diameter ratio which results in a rotor speed of 5829 R P R I .  
Tlie fan blade is designed in two sections. The front section (40 percent of the total chord) has varinhle 
pitch: the rear section has fixed geometry. This variable pitch capability allows the proper incidence angles 



of the blade to be maintained for stable operation and the highest possible efficiencies. The supersonic 
flow is best handled with long-chord, high-solidity blading. This results in a design with a solidity of 3.0.  
This is considerably greater than a conventional design with a solidity of 1.0 to 2 .0 .  This high solidity 
reduces the static pressure mismatch between the suction and pressure surfaces of the blade and there fore 
eliminates the strong shock losses which result in the process to reach equilibrium. The fan stator is also 
split, with the front section (50% chord) variable. 

I t  was initially intended to employ a geared connection between the STFF fan and the lurhine in 
order to maintain high turbine speeds and minimize the number of turbine stages. However, the ex- 
tremely large airflow and high pressure ratio demands 97,000 horsepower from the turbine. The tolal mass 
flow in the turbine of 38.2 Ib/sec is one twenty third of the fan flow resulting in a turbine specific work 
level of 1794 Btu/lb. This small turbine mass flow results in turbine inlet and exit areas of 44 in.2 and 120 
in.2 respectively to achieve the proper turbine Mach numbers. This results in a small diameter, high speed 
turbine to be matched with a large diameter, low speed fan. Table 13 summarizes the geared turbine 
configurations examined for gear ratios of 2 and 3. These geared configurations result in a gearbox with an 
unacceptable weight. 

TABLE 13. - STFF-ATR TURBINE OPTIONS 

Operating conditions at  20.000 ftl1.5 Mn 

Turbine Geared Direct Drive 

Gear Ratio/Stages 2 3 I 1  15 2 0  

Tu rhine Speed. rpm 11,660 17,490 5,829 5,829 5,825, 

Rim Speed, Ips I600 1600 1170 1000 740 

Rim Radius. in. 15.72 10.48 23.0 19.7 17 .0  

Inlel Area. in.2 

Inlet Tip Radius, in. 

Insert blade Height, in. 

Exit Tip Radius. in. 

Exit Blade Height, in. 

Specific Work, btu/lb 

Work/Stage, btu/lb 

Rim Velocity Ratio 

44 44 44 44 

16.16 11.12 23.3 20.05 

.JJ .64 .30 .35 

16.9 12.2 23.8 20.65 

1.2 1.70. S 

1794 1794 1794 1794 

299 299 163 120 

. .42 .42 .42 .42 

44 

17.4 

.'If) 

IS.  I 

.05 I .  I 

1794 

90  

.42 

Three ungeared turbine designs w i t h  1 I .  15,  and 20 stages were then examined, a s  shown in 
Table 13 to determine which design would be best. The turbine design with 15 stages results in a root 
radius of 19.7 inches. This provides a minimum acceptable blade height at the inlet to the turbine of 0.35 
inches and 0.95 inches at the turbine exit. This turbine provides a rim velocity ratio of 0 .42  and an 
efficiency of 90%. This IS stage ungeared design was selected for the mechanical design study. 

STFF - ATR -. - The STFF-ATR configuration, shown in Figure 103. 
e\*ol\ ed inlo an arrangement with a single-stage variable-pitch fan cantilevered from a structural case 

45 



which houses the engine thrust bearing and blade actuation hydraulic cylinder. A long (108 inch) conical 
compression surface is mounted ahead of the fan, and held concentric by inlet vanes. The turbine is 
driven by a case-mounted, annular Lox-hydrogen burner and is straddle-mounted between the engine 
bearings. 

The fan discharge flow is ducted around the turbine and mixed with the turbine discharge flow 
ahead of the integrated Lox spraybar/flameliolders. The nozzle is regeneratively cooled and, has variable 
convergent - divergent geometry. 

Pan design: Figure 104 illustrates the mechanical arrangement of the variable-pitchs split-blade fan 
installation. In this application the fan and inlet must operate at temperatures up to 1800 F, while the 
disks must be kept below 1250 F to avoid oxidation. The need to build in thermal compliance among tlie 
various assemblies dictates slip-fits, and strain-relief features where parts mate. In addition. provisions 
must be made for precise fits in critical areas such as the blade tips. Perhaps the most significant design 
challenge wil l  be the variable-pitch fan mechanism. The reasons for this are as follows: 

0 Centrifugal loadings due to airfoil weight will cause the bearing surface to be heavily loi~ded. 
High temperatures in the area of the rim are detrimental to bearings. 

0 Absence of conventional lubricants. 
Tolerance, stack-ups associated with having a large number of parts. 

Unlike the ladpitch mechanism the actual disk design is expected to be relatively straight for\r.arcl. 
The reasons for this are thal turbine disk design experience i s  readily applicable. 

Bearing compartments: The design of the bearing compartment (bearings, seals. scavenge s!'slem. 
lube system) will he influenced b y  the designs of the J-58 and 304 engines. The engine features two main 
hearings, with the rurbine rotor straddle-mounted between them. The cross-section has the thrust bearing 
in the front position. but a tolerance study will he necessary to determine the optimum location \vi111 

respect to the first stage turbine blades and vanes. Attention to the buffer/purge systems will be a necessiry 
to ensure that a combustible hydrogedair mixture is not trapped in any compartment. 

Blade actuator: The hydraulic actuator for the variable-pitch fan blades is built into tlie inside of  
the rotor. Engine oil is used as the actuation medium. with all control valt.es located in the nacelle. 

Combustor/turbine: Figure I05 illustrates the main combustion chamber and turbine designs. Tlie 
Lox-liydrogen combustion chamber is an annular configuration, mounted to the turbine case between tlie 
turbine rotor and the thrust bearing housing. The turbine case is split axially, for assembly reasons. and 
the turbine which has 15 slages, is integrally bladed. A significant concern will be thermal shock to the 
parts during the start transient. The turbine is a drum-type rotor with Four disks, equally space supporting 
the blades. This configuration is made possibly by the low RPM. The turbine flow exhausts into the main 
fan slream via a lobed or "Daisy" mixer. Spraybars and flameholder are integrated into one component 
ancl located in the cooler of the two streams to be mixed. 

By-pass nozzle: The bypass nozzle, shown in Figure 105 consists of a series of cowl flaps which 
close on the fixed engine structure. At the Alach 5 design condition the): are fully closed, at lower speeds 
they are varied to control the aerodynamic contraction of the airflow from the fan; upon opening, tlie 
cowl flaps form a divergent passage ducting the excess flow overboard. The bypass flow is reaccelerated in 
this divergent passage. 

Main nozzle: The main nozzle is a variable area. convereent-divergent axisyninietric "balance 
he;im" plug nozzle (see Fig. 103). Tlie maximum nozzle exit area ol 38.0 square feet uas sized lor 
7Ok/5.0 h l n  mnx power operation. The maximum nozzle throat area of 10.8 square leer occurs at the sea 



level 0.1 Mn condition, Table 10. The maximum nozzle exit area results in a maximum exit diameter of 
83.5 inches. The nozzle divergent flap length of 75 inches was chosen to achieve a flap length to maxi- 
mum exit diameter ratio of 0.90. The plug throat diameter was set by choosing a plug diameter lo maxi- 
mum exit diameter of 0 .445 ,  and a plug truncation was based on a plug tip diameter to  maximum exit 
diameter of 0.165; these criteria result in a plug diameter of 37.1 inches and a plug truncation diameter of 
13.8 inches. The entire nozzle is regeneratively cooled . 

\\'eiglits/dimensions: The weights and dimensions of the conventional ATR-RJ and STFF-ATR 
propulsion systems are summarized in Table 14 for the engines sized Tor the airflows shown in Tables I O  
and 1 1 .  The materials used in these engines reflect a technology availability date (TAD) oT 2000. Figure 
106 shows the external dimensions of these systems. The inlethacelle weight of 8580 Ibs for the two 
dimensional ATR-RJ configuration includes the inlet and the entire fixed external nacelle structure. The 
nacelle has a width of 5 . 5  f t .  The height varies from 5.16 at the inlet to 7.08 ft at the nozzle exit. The exit 
nozzle area of 38.9 ft2 was selected based on previous studies of Mach 5.0 systems. The inlet weigh1 of the 
STFF-ATR includes the nose cone and structural support struts. 

T A B L E  14. - \\'EIGHTS AND DIMENSIONS 

Propulsion S! qiem ATR-RJ STFF - ATR 

Inlet/Nacelle Weight, I b s  8580 420 

ATR \\'eight, lhs 2350 9580 

Ramjet \\'eight, Ibs 3000 - 

Total U'eight, Ibs 13,930 10,000 

Inlet Capture Area, ft2 28.35 25 .3  

Inlet Length (to fan face), f t .  - 10.0 

Inlet Height/Dianieter, f t .  5.16 5.68 

Inlet \\'idth. I't. 5.49 - 

Fan Face Tip Diameter. f t .  3.05 5.68 

Total Nacelle Length. f t .  81 28.6 

hlax Nozzle Exit Area, 112 38.9 38.U 

Nozzle Exit Height/Diameter, ft. 7.08 8.96 

Ram Burner Area, 112 8.5 12.6 

SLS Thrust, Ibs 30,635 69,5 00 

Thrust/\\'eiglit 2.20 6.95 

The ATR weight Tor the conventional ATR-RJ includes the fan. main burner, turbine and augnien- 
lor weights. The ramjet weight includes the raniburner, nozzle, actuaiors. pump, plumbing and control 
s\ ztetn \reiglits. 

The ATR weight for the STFF-ATR includes the fan,  outer case, burner, turline, augmencor. noz- 
zle, actuators. pump, plumbing and control system weights. 
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Table 14 also lists the SLS thrust of the two engines; these results show that the STFF-ATR has a 
SLS thrust/weight ratio of 6.95, which is 3 times that of the conventional ATR-RJ value of 2.2. 

- Studies were conducted to determine the Takeoff Gross Weight (TOGW) of a 
hlach 5 strategic penetrator system having a total range of 4000 n. mi. The conventional over/under 
ATR-RJ powered aircraft is configured with four engines in two two-dimensional pods. The STFF-ATR 
aircraft has two engines in separate axisymrnetric pods. 

e .  

The mission evaluated is comprised of a takeoff and a climb/acceleration to the Mach 5 .0  at 83,000 
ft. cruise condition. A 5000 Ib payload is carried throughout the 4000 n. mi. range. 

Previous studies of this strategic penetrator have shown that a system designed with a takeoff thrust 
loading, i.e., total takeoff thrusthakeoff gross weight (TOGW), of 0.45 provided sufficient excess thrust 
during the climb and acceleration to the 83,000 It, Mach 5.0 cruise condilion to produce the liglitesr 
weight vehicle. Therefore in the current study. the propulsion systems are sized to produce a takeoff 
thrust loading of 0.45 .  Since the STFF-ATR engine has a takeoff thrust/engine weiglit which is tliree 
limes that of the con\,encional ATR-RJ, it i\.ill  1iai.e a much smaller propulsion system weight lrnccion Iliati 

the conventional ATR-RJ. This \~e ig l i t  advantage will result in  a significantly lower aircraft system weight . 

Tahle i 5 compares the aircraft weights for the STFF-ATR and conventional ATR-RJ powerecl 
systems. The STFF-ATR produces a TOGU' of 68,726 Ibs, which is 62% lighter than the 182. 234 117 

ATR-RJ powered aircraft. This TOG\!' advantage is mainly due to the STFF-ATR's lighter 1m)pulqion 
sysleni, which produces a propulsion system (inlet, nacelle, engine, fuel system) weight fraction of 0.14, 
diile the conventional ATR-RJ has a 0.28 propulsion system weight fraction. The STFF-ATR also has 
better fuel consumption rates during the clinib/acceleration, and at the Mach 5 .0 cruise condition. 

TABLE 15. - MISSION SUMMARY 

Ellrine 
TOG\\'. Lhs 

Number of Engines 

Takeoff Thrust/TOG\I' 

Engine Scale Factor 

Takeoff Tlirust/Engine, Lbs 

Scaled Capture Area, Ft2 

Aircraft Empty Weight, LIx 

Payload Weight, Lbs 

Fuel \\'eight, Lbs 

Fuel \\'eight/TOG\I' 

Propulsion Group \\'eight. Lbs 

Propulsion \I'eighc/TOCi\V 

Supercruise Power Setting, CC hlax  

Supercruise TSFC. Lldlir-lb 

ATR-RJ 
182,234 

4 
0.45 

0.659 

20,500 

18.7 

54,520 

5,000 

69,949 

384. 

52,765 

.289 

49 

1 .0P 

STFF ATR 
68,726 

2 

0.45 

0.222 

1 5,5 00 

5.6 

27,392 

5,000 

26,569 

.387 

9,765 

.I42 

92 

99 

- 

Since there is a significant difference in propulsion system weight fraction hetween the two ryseems, a 
w i g l i e  sensiti\-iiy stud!. was conducted. Figure 107 sliows that if the STFF-ATR weight were increased t o  
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produce the same propulsion weight fraction as h a t  of the conventional ATR-RJ, its TOGW would be 
29% lower than that of the ATR-RJ. This lower TOGW is due to the STFF-ATR’s lower climb and cruise 
TS FC. 

Figure IO8 illustrates the excess power that the STFF-ATR and conventional ATR-RJ propulsion 
zystems would provide when sized for a takeoff tlirust loading of 0.45. This excess thrust is measured in 
how fast the airplane can climb in feet per second at any flight condition. As Figure 108 shows. Imth 
aircraft have similar climb rates at low Mach Numbers since their takeoff thrust loadings are the same. At 
the higher Mach numbers, the conventional ATR-RJ has a much higher acceleration rate which allows 
that aircraft to reach its cruise condition faster. However, the STFF-ATR has sufficient excess power at 
all flight conditions and cruises at Mach 5.0 at 92% of maximum power. 
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Figure 1. STFF velocity diagram. 
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Figure 2. Design point flow turning. 
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Figure 3. Blade geometry. 
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Figure 4. Flow modeling in performance deck. 
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Figure 6. Total pressure ratio - STFF-3. 
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Figure 8. Fan exit Mach no. - STFF-3. 
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Figure 9. Flow modeling in transonic region. 
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Figure 10. Measured fan performance - TS27. 
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Figure 11. Blade shape - TS27 
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Figure 13. Blade shapes - STFF 4. 
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88-6-8061 



VARIABLE ROTOR - VARIABLE STATOR 

- 
INLET MACH NUMBER, M I  

Figure 16. Fan exit flow angle - STFF 4. 

8 8 - 6 4 - 6 2  



ROTOR 

STATOR 

Figure 17. Blade shapes - VPRS-1 



TRANSONIC 
(SUBSONIC INFLOW) 

b) SUPERSONIC 
(DESIGN) 

HIGH-SPEED 
(WINDMILLING) f l  

“R 
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88-6-80-85 



I- 
Z w 
0 
U 
w a 
I 

i 

w 
0 

0 r 

0 z 

LL 
LL 
W 

5c 
1 .o 

SUPERSONIC INFLOW 

VARIABLE PITCH ROTOR AND STATOR 

0 DESIGN POINT 

Mt w-. .- - 
1.1 
1.3 
1.5 
1.7 

2.0 

INLET MACH NUMBER, MI  
3.0 

49 42 29 19 12 

CORRECTED FLOW, WC/A 

Figure 25. Supersonic fan efficiency - STFF-8. 
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Figure 27. Fan inlet correct airflow schedules. 
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Figure 32. Supersonic diffuser bleed requirements. 
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Figure 34. Overall compression ratio variation with Mach number. 
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Figure 35. Bypass ratio variation with Mach number. 
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Figure 39. Supersonic transport mission profile. 
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Figure 45. Fan inlet corrected flow schedules. 
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Figure 46. STFF and conventional fan pressure ratio comparison. 
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Figure 47. STFF and conventional bypass ratio comparison. 
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Figure 51. Variation of inlet corrected airflow with OPR and CET. 
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Figure 52. Variation of thrust specific fuel consumption with OPR 81 CET. 
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Figure 54. Blade shapes STFF-9. 
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Figure 55. Total pressure ratio STFF-9. 
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Figure 56. Fan efficiency STFF-9. 
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Figure 62. Engine thrust coefficient at Mach 1.25. 
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Figure 68. Total pressure ratio VPRS-1 supersonic inflow. 
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Figure 69. Fan efficiency VPRS-1 supersonic inflow. 
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Figure 70. Blade shapes VPRS-2. 
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88-6-80-32 



1 00 

90 

80 

I- 
$ 70 
0 a: 

60 
I 
r 0 50 

i 
y 40 
w 
0 
LL 30 

20 

l o  

LL 
W 

c l . , ~ ~ l . l ~ ~ ~ ~ ~ " ~ " " " " '  
3 1.5 2.0 2.5 3.0 3.5 4.0 

INLET MACH NUMBER, M i  

1 I 1 I I I J 
29 19 12 7 5 49 42 

CORRECTED WEIGHT FLOW, Wc/A 

Figure 74. Fan efficiency VPRS-2 supersonic inflow. 
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Figure 78. STFF inlet relative weight flow and additive drag. 
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Figure 81. STFF aft diffuser characteristics. 
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Figure 84. Burner pressure. 
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Figure 88. Fuel specific impulse. 
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Figure 89. Part power performance. 
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Figure 94. STFF-ATR and ATR-RJ fan pressure ratio. 
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Figure 97. Conventional ATR-RJ inlet mass flow schedule. 
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Figure 99. STFF-ATR and ATR-RJ climb thrust. 
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Figure 100. STFF-ATR and ATR-RJ climb TSFC. 
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Figure 102. Air turbo rocket with conventional fan. 
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